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Résumé

Cette étude présente les résultats de simulations pour le régime transsonique
des écoulements compressibles sur les profils aérodynamiques en utilisant
'approche du volume fini, tel que réalisé dans le logiciel commercial CFD
FLUENT. Les domaines de calcul sont discrétisés en générant des maillages
structurés et non structurés pour divers phénomenes physiques donnés par des
parametres constructifs, tels que la hauteur de la premiére couche de cellules pret
de la paroi, avec une étude de sensibilté de maillage et de validation des modéles
de turbulence, ainsi que le volume de control utilisé pour valider la qualité de ces
maillages pour les simulations de tous les cas.

Trois modéles de turbulence, le Spalart-Allmaras, le k — ¢, et le k — w SST sont
utilisés pour prédire le comportement de I'écoulement (nombre de Mach critique,
onde de choc,...) et les propriétés aérodynamiques (Cl, Cd,...) du profil
conventionnel NACA0012 conventionnel, et les profils supercritiques OAT15A et
RAE?2822 sans surface de control, et pour I'efficacité des ces suraces, le cas d’'un
profil aérodynamique NACA0012 avec aileron, et OAT15A avec aileron a
differents angles de déflection, et le profil OAT15A avec Spoiler a &5, = 30° sont
simulés et comparés aux résultats expérimentaux disponibles. L’influence de
'angle d’attaque variable par rapport a 'angle de déflection de l'aileron au profil
aerodynamique OAT15A est indiquée.

La variation des coefficients aérodynamiques pour les simulations 3D est
également étudiée pour l'aile ONERA M6, laile du profil aérodynamique
NACA0012 a 6§, = 0°, —10°, et l'aile de profil OAT15A a 6§, = 10°.

Mots clés : Régime transsonique, Surfaces de contrble du bord de fuite,
Performances aérodynamiques, Modeles de turbulence.



Abstract

This study presents the results of simulations for the transonic regime of
compressible flows over airfoils using the finite volume approach, as performed in
the commercial software CFD FLUENT. Computational domains are discretized by
generating structured and unstructured meshes for various physical phenomena
given by constructive parameters, such as the height of the first layer of cells next
to the wall, along with a study of independence and validation of turbulence
models, as well as the fluid domain is utilized to validate the quality and
suitability of these meshes for the simulations of all the cases.

Three turbulence models, the Spalart-Allmaras, the k — ¢, and the k — w SST
models are used to predict the flow behavior (critical Mach number, shock
wave,...) and aerodynamic properties (Cl, Cd,...) of conventional NACA0012, and
supercritical airfoils OAT15A and RAE2822 without control surfaces, and for the
effectiveness of the flight control surfaces, the case of a NACA0012 airfoil with
aileron, and OAT15A airfoil with aileron at different angles of deflection, and
OAT15A airfoil with the spoiler at &5, = 30° are simulated and compared to the
available experimental results. The influence of varying angle of attack to specific
angle of deflection of the aileron attached to OAT15A airfoil is provided.

The variation of the aerodynamic coefficients for 3D simulations is also
investigated for the ONERA M6 SWEPT WING, A wing of NACA0012 airfoil at
64 = 0°, —10°, and for the Wing of OAT15A airfoil at §, = 10°.

Keywords: Transonic regime, Trailing edge control surfaces, Aerodynamic
performances, Turbulence Models.
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General Introduction

Over the course of human history, scientists have learned to harness the
power of the atmosphere to travel long distances and accomplish remarkable
feats, and aerodynamics has made a significant contribution to the construction of
the airplanes we use today to achieve more targets. For this reason, aerodynamic
is one of the most important crucial branches of aeronautic engineering since it is
the scientific discipline that enables us to comprehend flow characteristics and
examine their motion around a moving body through space, allowing for
improvements in flying performance by predicting the forces and moments exerted
by fluid/solid contact.

In the world of aerodynamics, the body of an aircraft is made up of many
different parts, each performing a specific function, and the wing has the greatest
effectiveness and impact at transonic and supersonic flight speeds, where the
wing configuration has a major impact on aerodynamic performance and how well
the aircraft handles air pressure during a flight, and it's the most concerning part of
the study since it's subject to two aerodynamic forces: the drag force of the air,
known as drag, and the supporting force, known as lift. For these forces to be
generated, the flow must remain in contact with the wing, which is the case at
small angles of attack. The boundary layer breaks when the critical angle of
incidence reaches or exceeds the viscosity of the air, resulting in a severe loss of

lift. Also known as wing stall, it is affected by the angle of incidence.

During flight, the aircraft moves through a region where the air molecules are
distributed around the aircraft, when the aircraft flies by at low speed, it is
observed that the density of the air remains constant. However, at higher speeds,
close to and faster than the speed of sound, the behaviour of air becomes most
complicated, and some of the aircraft's energy goes into compressing the air and
locally changing its density and its other properties. The density change is nearly
equal to the velocity change, and compressibility effects cannot be ignored. This
compressibility effect changes the amount of resulting force on the aircraft since

aerodynamic force depends on air density.
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As speed increases near and above the speed of sound, at a Mach number
slightly higher than the critical Mach and at a certain value, a shock wave appears
at the front of the leading edge and affects both the lift and drag of the aircraft.

In order to solve this problem, the engineers were interested in flow control
since it serves industrial objectives such as improving flight safety, and
maneuverability, increasing the range of movement and reducing fuel
consumption. Therefore, they carefully focused on the shape and size of the wing,
to locate the position of the occurrence of the shock wave on the profile, to avoid
the sudden loss of lift, and achieve a balance between lift and drag produced,

capable of operating at higher speeds.

The operation and control of an aircraft are provided by wing controls known
as spoilers and ailerons during multiple phases of flight. These control surfaces
are moveable surfaces that allow developers to modify the airflow around the
profile. Therefore, to accurately predict the aerodynamic behavior of an aircraft,
aerodynamic models capable of characterizing the influence of various deflections
of moving surfaces on the overall forces of the aircraft are required. However, the
variety of aerodynamic phenomena to be modeled presents a real challenge for
aerodynamicists who can no longer rely on wind tunnel tests to answer the many
guestions involved in the development of an aircraft, then Computational Fluid
Dynamics, or CFD for short, began in the early 1970s. At that time it became an
abbreviation for the combination of physics and numerical mathematics, which
was closely associated with the development of computer technology. This
progress over the last few decades enabled the validations of a mathematical
model that allowed a reliable approach for more complicated cases, and various
numerical approaches made it possible to identify the effects of moving surface
deflections using more effective calculation codes such as FLUENT, XFOIL, and
ANSYS.STARCCM+ etc..

The simulation of transonic flows based on the solution of the non-linear
potential equation was among the first applications of CFD approaches. In the
early 1980s, it became possible to solve two-dimensional (2-D) and then three-
dimensional (3-D) Euler equations. Due to the obvious rapidly increasing speed of
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supercomputers and the development of a variety of numerical acceleration
techniques such as multigrid, it was possible to simulate inviscid flows through

complete airplane configurations or within turbomachines.

In the mid-1980s, the focus shifted to much more complex simulations of
viscous flows based on the Navier-Stokes equations. Simultaneously, several
turbulence models with different degrees of numerical accuracy were developed,
with Direct Numerical Simulation (DNS) and Large Eddy Simulation (LES) leading
the list in turbulence modeling.

» Work strategy
This work consists of five chapters. The first chapter contains a
bibliographical synthesis of movable control surface efficiency and a general
overview of the physics and behaviour of transonic flows around a wing. The
functioning and application of aircraft ailerons and spoilers, including the main
physical phenomena involved, are discussed and supported by a comprehensive

review of previous studies on the subject.

In the second chapter, we will apply a set of equations and mathematical
modeling of the topic under study, specifically the Averaged-Navier stocks
eguations based on the Reynolds decomposition (RANS). These equations will be

supplemented with the problem's initial conditions.

The third chapter goes into great depth on the presentation of the
computational code, containing a brief explanation of the CFD which stands for
computational fluid dynamics, which is used for the numerical resolution, followed

by the inputs and parameters of our simulation.

The last two chapters are devoted to the validation and presentation of
numerical results from the simulation of transonic flow around a classic profile
NACAO0012, supercritical OAT15A, and RAE2822. A NACA0012 with aileron, then
around a 3D wing having NACA0012 as the base profile.

Finally, the work is completed with a general conclusion indicating the

subject's interest and some future perspectives are suggested.
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»OUTLINE

This chapter investigates the physics and behavior of transonic flow over an
airfoil and a wing. It is one of the most difficult flows that aircraft designers and
engineers have to deal with. This section of the research also provides background
on the design and use of control surfaces, which are used to adjust the amount of
air flowing over the wing. It also contains a literature review, which provides a
description, summary, and assessment of important publications and other
numerical results obtained on this issue, which is supported by scientific journal

articles, books, reports, Web sites, etc.




Chapter 1 Theoretical Background & Literature Review

[.1 Introduction

The differentiation between various aerodynamic flows is mostly
dependent on the Mach number, which is a non-dimensional portion that
indicates the ratio of flow velocity V to sound velocity a.

\"4
M=- 1.1

a

Therefore, by employing the Mach number, we can not only measure
the flow rate but also reveal a lot about its physical properties. The Mach
number has also been used to distinguish between the compressible and
incompressible fluid flow, as an approximation that simplifies the
understanding of its behaviour. For example, gas moving at a Mach
number less than three-tenths may be considered incompressible or of

constant density.

Incompressible SUb.' Tra r!- Super- va?r. Hype.r-
Flow Sonic  Sonic Sonic Sonic Velocity
Flow  Flow Flow Flow Flow
0.1 0.3 1 5 10 20

Mach Number
Figure 0-1 Mach Number and Flow Regimes [6]

When the Mach number of a flow is changed, its physical composition

changes dramatically, allowing us to classify the following flight regimes:

= Subsonicif M<1

= Transonicif 0,7<M< 1,2
= Sonicif M=1

= Supersonicif 1<M<5

» Hypersonicif M>5

I.2 Explanation of transonic flow around a wing profile

The transonic regime, as stated in the previous overview, has infinite upstream
Mach values in the range of 0.7 to 1.2, and the most common description of this

flow is the presence of a supersonic "pocket” fully inserted into a subsonic flow.
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For a more specific definition, the boundaries of the transonic regime are the
interval between the critical Mach number when the supersonic regime appears
somewhere on the surface for the first time and the highest Mach number when
the flow is mainly supersonic. Between these two intervals, the flow is a

combination of subsonic and supersonic regimes.

Mormal shock wave
Supersonic air i

LA

ubsonic air ~ ,
Subsonic air

-

Figure 0-3 Transonic Flow around an airfoil and the appearance of shock wave [7]

The subsonic flow over the airfoil occurs when the  Supersonic RS,
.. . . . \\\ wiave
drag coefficient of an airfoil as a function of Mach ;
. . . Separated
number remains relatively constant over a wide range boundary
hyer—7

/

of Mach numbers, the entire flow is still subsonic, but

as the freestream Mach number increases, so does P TR e
M= 069
the flow Mach number on the top surface of the airfoll,

until the sonic flow is first achieved somewhere on the

shock

airfoil surface at the profile's maximum thickness, /—w.au
where the local velocity equals the speed of sound wave
and the freestream Mach number takes a critical

value, denoted by M., in Fig.l.2 o i ol st

As the M, value is increased above the Critical
Figure 0-2 The appearance
of shock waves on

forms on the top and possibly bottom surfaces of the conventional vs.
Supercritical airfoils [8]

Mach numberM,,, a limited zone of supersonic flow

airfoil (This relates to point b in Fig.l.2).
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1

cr M drag
divergence

pp P ——— Y

(=}

—
|
i
|
1
1
M, Mo,

Figure 0-4 Schematic of the variation of drag coefficient for an airfoil as a function of
freestream Mach number at subsonic and transonic speeds [9]

This supersonic pocket is bounded by a sonic line, and a shock wave
closes it, creating a destructive wave drag. As the freestream Mach
number continues to increase, the sonic line approaches the leading edge
and the shock wave moves back towards the trailing edge.

The drag coefficient rapidly increases, immediately after the production
of a shockwave that affects both the lift and drag of the aircraft, the
freestream Mach number at which this major drag increase starts, is
defined as the drag-divergence Mach number, which is also presented in
Fig.l.4

The major increase in drag near a freestream Mach number of 1 was
once thought to be so severe that airplanes would never fly faster than
sound. This myth of the “sound barrier” was supported by theoretical
results, which shows €4 going to infinity as M, goes to 1.

However, the linear theory that produces this result is not valid near
Mach 1.

In reality, the drag coefficient will peak at some finite value around
Mach 1, as long as the airplane has excess thrust from the engines to
overcome this peak drag, the aircraft can easily fly into the supersonic

regime [9].
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|.3 Shock Boundary Layer Interaction SBLI in transonic flows

1.3.1. Turbulence characteristics

One of the very first things we learn in fluid mechanics is the difference
between the laminar and turbulent flow. And for good reason, these two flow
regimes behave in very different ways. A laminar regime that is even flow,
characterized by its smoothness and the motion is horizontal with a minimal
amount of mixing between layers. As we increase the flow velocity we begin to see

some bursts of random motion.

This is the start of the transition between the laminar and turbulent regimes, if
we continue increasing the velocity we end up with a fully turbulent flow that

contains swirling regions called eddies.

The chaotic motion and eddies result in significant mixing of the fluid, If we
record the velocity at a single point in steady laminar flow, there will be no random
velocity fluctuations, and that is why this flow type is fairly easy to analyse.

For turbulent flow regime, it is much more complicated because of its chaotic
nature, analysis of turbulent flow is very complex, so we think of the velocity as
being made up of a time-averaged component, and a fluctuating component. The
larger the fluctuating component, the more turbulent the flow.

Since the laminar and turbulent flows are so different and need to be analysed
in different ways, the prediction of which flow regime is likely to be produced by a
particular set of flow conditions is needed and we can do this using a parameter
that was defined by Osborne Reynolds in 1883.

Reynolds performed extensive testing to identify the parameters which affect
the flow regime and came up with this non-dimensional parameter, which we call
Reynolds number. It is very useful because it compares non-linear convection
terms to viscous dissipation terms to predict if flow will be laminar or turbulent

using the relative importance of the inertial forces and the viscous forces.

R — PuL _ INERTIALFORCES
¢ u VISCOUS FORCES 1.2
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e Where:
p The fluid density,
u The velocity,
L Characteristic length dimension,

u The fluid dynamic viscosity.

e The equation is sometimes written as a function of the kinematic viscosity v

instead, which is just the dynamic viscosity divided by the fluid density.

ul [.3

e The characteristic length L depend on the analysed type of flow, for
example:
» A flow past a cylinder it will be the cylinder diameter.
» A flow past an aerofoil it will be the chord length.

» A flow through a pipe it will be the pipe diameter.

Inertial forces are related to the momentum of the fluid, and so are essentially
the forces that cause the fluid to move and the viscous forces are the frictional
shear forces that develop between layers of the fluid due to its viscosity. If viscous
forces dominate, flow is more likely to be laminar because the frictional force
within the fluid will dampen out any initial turbulent disturbances and random

motion.

That is how it is used to predict flow regimes. If inertial forces dominate, flow is
more likely to be turbulent. But if viscous forces dominate, it's more likely to be

laminar.

As the Reynolds number increases, a change in flow topology is observed
which corresponds to the transition zone, so smaller values of the Reynolds
number indicate that flow will be laminar. The critical Reynolds number at which
the transition to the turbulent regime occurs takes different values depending on

the type of flow we are dealing with.
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For a flow through a pipe, the transitional flow range is between 2000 and
4000, and under very controlled conditions in a lab, the onset of turbulence
can be delayed until much larger Reynolds numbers.

For a flow between infinite planes, the critical Reynolds number is R.. = 1000.

For a boundary layer above a flat plate, we use the Reynolds number based

on the boundary layer thicknessd. The boundary layer expands for R, < 520

R.=2Z 1.3
v
> Based on Blasius profile in § = xv/x There is a transition zone for < R.5 <
2000 ; in which the unstable waves in a viscous boundary layer constitute
the first stage resulting from the linear instability of a laminar flow that leads
to the Laminar/Turbulent transition. The calculations of Tollmien and
Schlichting showed that unstable waves appear when the Reynolds number
is high enough resulting in the development and deformation of the wave

into three-dimensional vortices until it creates a turbulent spot.

» The following features identify turbulence:
Unpredictable, and highly sensitive to boundary conditions.
Flow has a variety of spatial scales (vortex sizes).
The spatial distribution of fluctuations is disordered, chaotic, and unstable.
Very wide range of wavelengths: vortices of varying diameters are found (for
an aircraft: from a few microns to a few hundred meters, for atmospheric
turbulence: from a few millimeters to a few thousand kilometers).
Noise: turbulent flows are loud due to acoustic sources caused by pressure

variations in the fluid, which can be uncomfortable in some cases.

» Turbulence can have both beneficial and harmful effects:
Advantages: Increasing the mixture improves combustion by reducing
temperature.

Disadvantages: The effects of boundary layer separation, frequently has a

significant impact on aerodynamic performance and aircraft manoeuvrability.
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» The following physical phenomena are damaging to aerodynamics:
Large disturbances in pressure distributions resulting an increase in drag,
Stall appearance and strong stress on the profile,

A considerable decrease in the lift,

D N N NN

Increased noise pollution due to vorticity in the separated zone interacting with
the wall.

[.3.2. Boundary layer
[.3.2.1. Conception

The conception of the boundary layer has improved the understanding of
viscous flows, allowing the precise calculation of the forces and flow around
aerodynamic bodies. When a fluid flows around an aircraft wing, a boundary layer
forms on the wing's upper and lower surfaces. Near the leading edge, the limit
layer is laminar for low viscosity fluid flows where the non-slip condition is not
satisfied, and it is, the speeds on the wall are not null but have finite values. The
viscosity must be considered to satisfy the non-slip condition. This enables the
speed to shift from a finite value near the wall to a zero value right on the wall.For
high Reynolds numbers, this transition happens in a thin layer along the wall,
which was named the friction layer or boundary layer by the German scientist
Ludwig Prandtl in 1904.

sublayar

[}
L Transition —— x i
Streamline
r'1 e
- o [T
¥, © —
—
X, 0 ,--ﬂ?<.
- (- Turbulant
ST - - region
: e =<CNOC
| D
e -
{________;=‘_'_" _/‘._A-"’} [ L w)
o R N } Bufter layer
e e e e ¥ —— W
— - = 5’- Vi
o - - e — } Viscous

Laminar Turbulent
Transition

Figure 0-5 Boundary layer over an airfoil surface [1]
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To summarize, the boundary layer is the thin zone of flow close to the surface
where flow is slowed due to friction between a solid surface and the fluid, and its
thickness is where fluid particles have an average velocity U, <0,99U,,

according to x, as U, represents freestream velocity.

The higher the Reynolds number, the lower the viscosity and the thinner the
boundary layer. Despite the fact that the boundary layer occupies only a small part
of the flow field, its influence on drag and heat transfer to the body is significant, so
we know that when the Reynolds number is large, inertial forces dominate and the
flow is turbulent. But even in turbulent flow, viscous forces in the boundary layers
that occur on solid walls can be significant. Due to the non-slip condition, the shear
stresses are large and close to a wall. This means that in a turbulent boundary
layer there remains a very thin region near the wall where viscous forces dominate
and the flow is essentially laminar, called the laminar or viscous sublayer. Its

thickness decreases with increasing Reynolds number.

Above the laminar sublayer, there is the buffer layer, where both viscous and
turbulent effects are significant. And above the buffer layer, the turbulent effects

are dominant.

If the roughness of a surface is contained entirely within the thickness of the
laminar sublayer, the surface is said to be hydraulically smooth, because the

roughness has no effect on the turbulent flow above the sublayer.

Depending on the external pressure gradient, the boundary layer can remain
attached, forming a huge recirculation zone that extends across the entire surface
of the profile. If the kinetic energy is adequate to compensate for the pressure
gradient's tendency to pull the particles upwards, the boundary layer can be
connected to the profile closer downstream and before the trailing edge, which is

less damaging to the aerodynamic performance.

Page | 13



Chapter 1 Theoretical Background & Literature Review
[.3.2.2. The separation of the boundary layer

The pressure distribution of the external flow
can have an influence on the formation of the
boundary layer either positively or negatively,
since the position of the Laminar/Turbulent
transition is heavily dependent on it. If the
pressure increases in the flow direction, as may
occur in the region behind the profile, the
boundary layer may separate from the wall and if
we track a fluid molecule as it flows along with
the profile. It moves due to inertial forces and
viscous forces (friction) that already delay its

speed. Moreover, it must proceed along with the

flow while counteracting the increasing pressure,
which tends to slow the flow even more. While Figure 0-6 Schlieren photographst [3]
maintaining its movement, the fluid particles can

completely collapse and stop.

When that happens, the fluid element will then move in the other
direction, that is, upstream, due to the opposing pressure gradient. This
reverse flow phenomenon causes the boundary layer to separate from the
profile wall.

separation point

a

Jdu
=)>0 Ju)_ 9
(5); (90 ()0

Figure 0-7 Different layers and flow regimes over an airfoil [4]

The detachment of flow from the surface that happens when the
boundary layer travels far enough against an adverse pressure gradient is
known as flow separation and the separation point is located where the

condition "the gradient of the velocity normal to the wall equals zero" is

satisfied.
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1 Schlieren photograph of transonic flow over an airfoil. The nearly vertical shock

wave is followed by boundary layer separation that adversely affects lift, drag, and other
flight parameters [5].

1.3.2. Shock Boundary Layer Interaction

When a shock wave interacts with a boundary layer, damage can result.
Unfortunately, in practice, SBLI occurs in transonic and supersonic flows, and
studying these interactions is extremely difficult. Transonic interactions are
distinguished from other SBLI by the presence of subsonic flow behind the shock
wave and are mostly observed at Mach values less than 1.5.

Strong
shock

Separaled boundary layer

(a) Classical airfoil.

Weak

shock Smaller separated boundary layer

e B el
u‘

(b) Supercritical airfoil.

Figure 0-8 Shock and BL separation on Classical vs. Supercritical airfoil operating
near Mach 1 [10]

The steady subsonic flow does not support the waves (e.g. shock
waves or Prandtl-Meyer relaxation) and any change in flow conditions is
progressive compared to supersonic flows. This imposes constraints on
the shock structure in the interaction region since downstream flow
conditions can anticipate and affect the force, shape, and position of the

shock wave that causes the SBLI interaction [11].

A physical explanation for wave reflection is that there is a potential
pressure shift at the limit between supersonic and subsonic regions. The
pressure in the external subsonic region is determined by the global flow
field and influenced by all directions. In the supersonic region, pressure

can only move downstream (along the waves), resulting in a pressure
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imbalance at the border, which is resolved by producing waves that are
reflections of the incoming waves. The compression waves that return to
the profile surface are demonstrated as compression waves unless are
canceled by other formed waves from the surface's convex curvature. The
compression waves are unable to reach the sonic line. In practice, the
supersonic compression waves merge to create a shock wave that ends

the supersonic flow [12].

In a typical transonic SBLI, this shock wave interacts with the boundary
layer at the wing's surface. The size of the supersonic region on the
transonic profiles defines the position of the shock wave and its intensity.

In general, the greater the supersonic region, the higher the Mach

number of the flow shortly before the shock wave.

As a result, the impact of the SBLI on a typical profile depends on the
geometry of the profile, the freestream Mach number, and the angle of
incidence. For example, thicker and more strongly curved profiles, higher
freestream Mach numbers, and larger angles of attack all lead to stronger
shock waves. If the shocks are severe enough, a local or complete
separation can occur. A small separation bubble under the shock wave
does not usually result in a large loss of performance while trailing edge
separations cause additional drag and loss of lift (affecting the position
and intensity of the shock). Once the flow is completely separated
between the point of impact and the trailing edge, a stall occurs with
significant effects on lift and drag. This accelerates the shock wave and

reduces the supersonic region.

Figure (a) shows a conventional airfoil operating at Mach 1 with shocks and a
separated boundary layer.

Figure (b) shows the supercritical airfoil at the same Mach number. The airfoil's top
surface is flattened, which delays the creation and intensity of the shocks to a point
closer to the trailing edge. Additionally, the shock-induced separation is greatly
reduced.
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.4 Flow Control

Historically, flow control was intended to develop the flow into a more
desirable pattern and to provide major gains in aerodynamic performance,
making it an appealing technology for future aircraft development. It has
been utilized to minimize noise, enhance lift, and reduce drag of an
aerodynamic body by retarding the Ilaminar/turbulent transition and
boundary layer separation. A specific control technique is chosen based
on the nature of the flow and the control objective to be achieved. The
simplest way to explain this is to think of aerodynamic flow control as a
practice of manipulating the flow field through a control surface or some
sort of interaction to produce more desirable performance characteristics

from an aerodynamic geometry.

This process requires a small forced modification in moving fluid that
serves an ideally large engineering benefit, it is achieved by the use of
active and passive methods. Passive flow control technologies, which
include geometric shaping, the use of vortex generators, and the
installation of longitudinal grooves or riblets on airfoil surfaces, require no

auxiliary power and no control loop.

Active  flow control techniques are those that necessitate the
expenditure of energy, such as steady suction or blowing unsteady
suction or blowing, and the employment of synthetic jets:. This can
provide relaxed stability and flutter suppression, as well as a reduction of

vibration levels.

AFC is divided into two categories: predetermined techniques and

interactive methods.

o Predetermined methods include the injection of steady or unsteady
energy inputs without consideration for the flow field's state. For
example, jet vectoring with various types of actuators and form drag

reduction using oscillatory blowing.
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o The interactive methods enable to operate based on the state of the
flow; the input to say an actuator is continually changed is based on
sensors. As the interactive method can be a feed-forward (open) or
feedback (closed) [13].

1Synthetic jet is a type of jet flow that comprises the surrounding fluid. The
formation of such a jet is when the flow moves back and forth through a small opening.
In simpler terms, a Jet flow is a fluid flow in which one fluid mixes with a surrounding
medium. Any jet flow device comprises a diaphragm or a membrane that moves up and
down hundreds of times per second sucking the surrounding fluid into say a chamber
and expelling it.

[.5 Control surfaces:

I.5.1. Historical perspective of control surfaces

Transonic jet aircraft fly at speed of 0.8 to 0.9 Mach number. At these
speeds, compressibility effects start to appear somewhere above the
wing. The critical Mach number is the freestream Mach value at which
local sonic velocities develop and usually it is preferable to increase the
critical Mach number to delay the formation of shockwaves. This can be
done either by sweeping the wings but the high sweep is not
recommended in passenger aircraft, as there is a loss in the Ilift in

subsonic speed and difficulties during construction.

In the development of an aircraft, current attempts in commercial
aircraft design approaches are primarily focused on cost reduction, so
engineers placed a high priority on the control surfaces and the precise
prediction of their aerodynamic properties.

Many aircraft use control surfaces to provide the different flying
functions such as pitch, roll, and yaw. The structure of the control surfaces
is similar to that of the stabilizers, although the moveable surfaces are
typically lighter. Some designers benefit from the new advances in
composite technology, which allow for the use of carbon fiber and other
forms of fiberglass since it has the potential to allow for the construction of
stronger and lighter control surfaces, resulting in improved aerodynamic

efficiency and greater performance.
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The numerical analysis of flight control surfaces is used to get an early
understanding of aircraft aerodynamics. This enables improved wing
design, which leads to lower aerodynamic drag and fuel consumption. It
can also be used to validate initial design assumptions and provide a
foundation for further investigations, such as the ability to predict the
aerodynamic performance of aircraft control surfaces early in the design
process, which is a significant breakthrough in the field of aircraft design

and will enhance flight safety.

1.5.2 Types of Control Surfaces:

Control Surfaces are categorized into two types:
o Primary control surfaces include the ailerons, rudder, and

Vertical axis
(Rudder yaw)

Horizontal Stabilizer
Control Pitch

y Leading Edge Slats
Increase
Bleron meil
Hrngepitch 3 Longitudinal axis
S g (Aileron roll) ;
Empennage

Air I:r.:-k-/
Speed Breaks

Trailing Edge Flaps Lateral axis
TR (Elevator pitch)
Figure 0-9 Aircraft control surfaces and their functions [14]
elevator.
o Secondary control surfaces such as tabs, flaps, spoilers, and
slats.

1.5.2.1. Primary & secondary control surfaces

1. Aileron:

Ailerons are fundamental flight control surfaces that govern the movement of an
aircraft along its longitudinal axis by providing lateral (roll) control. Ailerons are
typically located towards the wing tip on the trailing edge.

When the flaps are stretched beyond a certain point, the outboard ailerons

activate. When the flaps are retracted, the outboard aileron control system is
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"locked out" and the wing maintains its basic shape. Thus, only the inboard
ailerons are required for control during cruising operations at relatively high
speeds. During landing or other slow-flying activities, the outboard ailerons are

active

The shape of the ailerons influences .
Frise Aileron

how far the ailerons move above or below
the neutral setting, (The neutral setting (}\

lines the ailerons with the shape of the

wing.) Ailerons on certain aircraft operate Alleron Up

symmetrically, meaning they move up and @
down in the same amount and on other

aircraft work asymmetrically, meaning that HIghProfm

the upward-moving aileron moves further

than the downward-moving aileron. In

some aircraft designs, this asymmetrical

action is used to reduce the amount of Alleron Down
rudder pressure required during turning. Figure 0-10 Aileron at different

positions [15]

2. Elevators:

Elevators are the control surfaces
that govern the movement
(pitch) around the lateral axis. They
are frequently linked to hinges on
the horizontal stabilizer's rear spar.
The construction of an elevator is
similar to that of other control
surfaces, and its design might be
unbalanced or balanced
aerodynamically and/or statically.

A "' ator

Figure 0-11 Aircraft Elevator [16]
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3. Rudder:

The rudder controls the movement of the airplane about its vertical axis (Yaw).
The basic structural and operational design of transport aircraft differs. Some are
single structural units that are controlled by one or more systems. Others are built
with two operational parts controlled by separate operating systems. A rudder is
made up of two segments: upper and lower, and each part has a front and aft
section. The aft rudder parts are hinged to the forward sections and are attached

to the vertical stabilizer structure by pushrods [17].

& Y e T
*: — #
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Figure 0-12 McDonnell Douglas DC-10 Rudder [18]

e Secondary control surfaces:

Secondary flight controls, also defined as auxiliary flight controls, have been
designed to allow aircraft to operate across a wide speed range and with varying

weight distributions.

FLAPS

SLATS TABS
SPOILERS

Figure 0-13 Secondary control surfaces [19]
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The number of secondary control surfaces on a certain aircraft is determined

by the kind of operation and flying speeds for which the aircraft is intended.

Some of these surfaces, such as tabs, allow the flight controls movement.
Other surfaces, known as high-lift devices, include flaps, slats, and slots. These
allow the aircraft wing's lift and drag characteristics to be modified, allowing for
slow speed flight for take-off and landing and high-speed flight for cruising. The
third type of surface is utilized to minimize lift and produce drag. Spoilers and

speed brakes are included in this category.

1. Spoilers

In some aircraft designs, spoilers are the principal flight control for roll and
are sometimes known as "lift dumpers,” which intend to "spoil" and lower the
amount of lift generated by the wing. The size of the spoiler varies according to
how much lift is to be "spoiled" and are found on the top surface of wings and
come in two basic shapes. The most common type on jet transport is a flat panel
spoiler that is hinged at the forward edge and lies flush with the surface of the
wing. When the spoilers are activated, they rise vertically from the wing, reducing

lift. The spoiler is a multifunctional flight control surface with three main functions:

o On-flight: air braking for speed reduction, Roll control (to augment
the ailerons in turning).

o On-ground: Air braking, during lift dumping. Ground spoilers are
used only when the aircraft is on the ground and function in
conjunction with flight spoilers to reduce wing lift during landing.
They also increase the airplane's aerodynamic drag after landing to
help it slow down.

Depending on the aircraft type, spoilers can be controlled manually by the
pilot, or automatically by an automatic flight control system. However, the
prediction of spoiler aerodynamic characteristics is still difficult. Consequently, the
design and development of spoilers depend primarily on extensive wind tunnel
testing. In order to efficiently develop theoretical methods that can aid in the
design process a fundamental understanding of the spoiler flow field is required. A
further stimulus to acquire a basic understanding of the spoiler flow field is the
current/future interest in spoilers for active control technology (ACT) applications

(e.g. flutter suppression, direct force control, gust load alleviation, etc...), effective
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implementation is heavily dependent on the prediction accuracy of spoiler
aerodynamic characteristics [20].

2. Speed brakes

Some aircraft designs, specifically gliders and sailplanes, may lack a
clear distinction between a spoiler and a dive brake since one control
surface may perform both functions, i.e., decrease lift and increase drag.

Speed brakes, sometimes known as dive brakes, are massive drag

panels used to help control the speed of an airplane.

They can be found on either
the fuselage or the wings.If the
structure is on the fuselage, the
speed brake is located on the top or
bottom of the structure increasing
the aerodynamic drag of the aircraft

and, as a result, rapidly decreasing

its speed. When using speed

_ _ S Figure 0-14 Speed Brakes on aircraft wing
brakes in pairs, one is situated on [21]

either side of the fuselage and
they are also deployed symmetrically from the top and bottom of the wing
surface to regulate the aircraft's speed as well as to function as spoilers to

reduce the lift of the wings if they are situated on the wings [22].

3. Slats & Slots

Slats are similar to slots in that they open and close. In fact, slots are
frequently referred to as slats, despite the fact that they are technically a
"fixed slat.”

Airstream flowing

__—" through slot

Airstream

Alt/—’

Figure 0-15 The slot and slat on a wing profile [23]
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Slats are aerodynamic surfaces on the leading edge of the fixed-wing aircraft
that glides down and forward, opening a gap behind it and increasing the camber
of the leading edge. When deployed, it allows the wing to operate at a higher
angle of attack. A higher coefficient of lift is produced because of the angle of
attack and speed. They are one of several high-lift devices used on aircraft,
including flap systems that run down the trailing edge of the wing, so by using it an

aircraft can fly at slower speeds, or take off and land at shorter distances.

A leading-edge slot is a fixed aerodynamic feature of certain aircraft
wings that reduces stall speed and promotes good low-speed handling. It
is a spanwise opening in each wing that allows air to flow from below to
above the wing. As a result, they may fly at a greater angle and speed,
lowering the stall speed.

4. Flaps

The simple or camber flap operates in the same way as an aileron or other
control surface. Flaps are a type of high lift device that consists of a hinged panel
or panels located on the wing's trailing edge. They increase the camber and, in
most cases, the chord and surface area of the wing when extended, resulting in an

increase in both lift, drag, and a decrease in stall speed.

Flaps, like slots, can increase lift, but the main difference is that slots only
extend the lift to higher values of the maximum lift coefficient when the angle of
attack of the main section of the airfoil is greater than the normal stalling angle,
whereas the high-lift type of flap increases the lift coefficient available across the

entire range of angles of attack [24].

» Types of flaps

1. Leading-edge flaps

Flaps are often seen on the trailing edge of a wing,

although they can also be found on the leading edge.

They are only used in aircraft that require a lot of lift to

Figure 0-16 Leading-edge
Droop & Krueger flaps [25]

land. At high angles of attack, a leading edge flap reduces
the strength of the pressure peak over the wing, allowing
the wing to operate at greater angles than would be possible without the flaps.
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1.1. Droop snoot

To provide a wing flap, build the wing with a leading-edge that can be
drooped.

1.2. The Krueger flap

Another technique for providing a

5 leading edge flap is to create an

T extended surface known as the

Krueger Flap.. 7 Krueger flap, which fits smoothly

retracted e Flap INtO the bottom half of the leading

extended edge. When the flap is needed,

the surface extends forward and
downward.

Figure 0-17 The different positions of
Krueger flap [25]

2. Trailing edge flap
The trailing edge flap is simply a small auxiliary airfoil near the rear of the
main airfoil that may be deflected around a specified line where it is hinged. This
deflection changes the geometry of the wing, affecting its aerodynamic properties.
Only a downward deflection is generally achievable if it was a high-lift flap design,

but the deflection is variable.

In the case of a flap designed as a piam riar Ei

SPLIT FLAP \

control surface, deflection in both senses

is achievable, althoughthe range of

deflection is generally much less. %
SLOTTED FLAP FOWLER FLAP

Figure 0-18 Types of the trailing edge
flaps [14]
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= General overview of the many forms of trailing edge flaps:

2.1. Camber flap (Plain flap)

The camber flap works by deflecting the trailing edge of the wing downward
to adjust its camber. As a result, both lift and drag are increased and when it is

lowered far enough, it creates an efficient air brake.

The plain flap can be hinged to the wing on the lower side or on the midway

between the lower and upper surfaces.

2.2. Split flap

When folded, the split-flap forms the bottom surface of the wing’s trailing
edge. When expanded, the flap glides downward and has a similar effect as the
pain flap. Plain and split flaps can be attached to the wing with three or more
independent hinges, or they can be connected at the bottom with a continuous

piano hinge.
2.3. Slotted flap

A slotted flap is identical to a simple RETRACTED

flap, except that when the flap is expanded, <+ ==

a space forms between the wing and the el R

flap. The leading edge of the flap is MID FLAP \
AFT FLAP

constructed such that air entering the gap Figure 0-19 Triple slotted flap [14]
flows easily through it, helping in

maintaining the airflow on the surface, and by that the wing's lift is enhanced.

2.4.Flower flap:

The flower flap and others with similar operations are designed to
significantly expand the wing area, the impact of the Flower flap when extended is
to greatly decrease the aircraft's stalling speed by the rise in wing area and

change in wing chamber.

» The combination of both Split flap and Fowler flap is called “Zap flap”.
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2.5. Jet flap:

Some aircraft designs use a combination of the fowler and slotted flaps to
significantly enhance the plane’s lift and drag. The jet flap is made of a high-speed
jet of air pushed out through a thin gap in the wing's trailing edge. It separates the
upper and lower surface flows and has an influence on the flow over the wing

when it is directed significantly downwards [26].
2.6. Tabs:

Tabs are small supplementary flight control surfaces inserted in the primary
surfaces' trailing edges. These are used to minimize the pilot's efforts to keep the
aircraft in a fixed attitude by "loading" the control surface in the appropriate

position. They can also help the pilot restore a control surface to its neutral or

Cjcbe‘# —
r | Contol surtaco | s

T

trimmed center position.

Trim tabs are fixed o

controllable small additional flight-
control surfaces fitted into the

| Conrothom| /{ntetion]
trailing edges of primary control C_(&‘P dP

| sprng camidgn |-

surfaces. | _——— | _—r—

Figure 0-20 Types of Tabs [14]

A fixed trim tab is a piece of sheet metal that is twisted in the appropriate
direction on the ground to minimize the pilot's required force for certain flight
conditions. They are common on light aircraft and are used to modify the rudders

and ailerons.

Controllable tabs are adjusted within the cockpit using control wheels, knobs,
or cranks, and an indicator is provided to indicate the position of the tab. Most
aircraft have controllable trim tabs. Normally, these tabs are operated manually,

electrically, or hydraulically.

When the trim-control system is activated, the trim tab deflects in the
opposite direction of the desired movement of the control surface. The air tries to
push the trim tab back flush with the control surface when it is deflected into the
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airstream. The entire control surface is moved since the control mechanism

prevents the tab from being placed back flush.

3. Vortex Generators:

At present, there are different kinds of surface modifications to delay the
flow separation in order to improve the aerodynamic efficiency of the aircratft,
including vortex generators to modify the surface of aircraft wings.

A vortex generator is an aerodynamic surface, consisting of a small vane that
creates a vortex. The effect of vortices produces turbulence, which delays the
boundary layer separation resulting in a decrease in pressure drag and increasing
the lift at high angles of attack. They are typically rectangular or triangular and
taller than the boundary layer running in spanwise lines near the thickest part of
the wing [27].

Before Vortex Generators

&
L

Smooth airflow Boundary layer Wing stalls
begins to seperate

After Vortex Generators

Q

Vortex airflow Boundary layer Boundary layer
energized by vortices remains attached

&
b

Figure 0-21 The pattern of airflow before and after vortex generators [14]

Page | 28



Chapter 1 Theoretical Background & Literature Review

|.6 Literature review

This part discusses past experimental and numerical research, and it is
divided into categories beginning with "Wind tunnel studies,” next "Flow control
and transonic regime,” then "Wings and Airfoils,” and finally "Control surfaces" to

establish a strong bibliographic basis for my work.

.6.1. Wind tunnel studies

January 1, 1920, by Caldwell, Frank W., and Elisha Noel Fales [28]: A

significant deal of study and experimental work has been done, with some

|
Tl L 2 Ty Sy T DS I L M

F1a. 35.

112

Figure 0-22 Results are taken from Caldwell, Frank W., and Elisha Noel Fales. Wind
tunnel studies [28].

success, in an attempt to establish airplane and propeller design on an
experimental basis. However, one can only be affected by the apparent lack of
data available to demonstrate flow phenomena upon a rational basis, With this
goal in mind, the authors set out to create a wind tunnel unlike any other,
particularly in terms of high power and flow speed. This paper [28] details the
Mccook Field wind tunnel and the results of trials undertaken to assess the wind

tunnel's efficiency.

F. W. Caldwell and E. N. Fales adopted six model tests on propeller
aerofoils which were of 6 inches in length, 1l-inch chord, and 0.1 to 0.2
camber. The cross-sectional shape, as shown in the figure 1.22

The most important conclusion to be derived from the testing is that we have
more than one air flow regime to deal with in aerofoil research, and that these
regimes are divided by discontinuities. The features often associated with a
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functional aerofoil in aeronautical engineering do not apply outside of the restricted
range of cambers, speeds, and angles used in flight. Beyond this range, the flow
around the aerofoil no longer provides the conventional lift and drag results, but
instead becomes comparable to the flow around an irregularly shaped body. The
efficient lift of an aerofoil is just one of numerous unique aerodynamic phenomena

caused by air flow through a solid surface.

When the speed of air flowing past aerofoil increases there is first a regime of
relatively low-lift effect, then at higher speeds an efficient lift effect such as applies
in flight, then at still higher speeds a drop back to a second low-lift effect. As the
angle or camber increases the high-lift regime becomes discontinuous and is
succeeded by the low-lift regime, the transition point is spoken of in conventional

graphs as the "critical, or stalling, angle," or the "burble point." [28].

May 16, 1947, by Fullmer, and Felicien F. [29]: An investigation was made
in the Langley two-dimensional low-turbulence pressure tunnel to determine the
characteristics of leading-edge flaps used as high-lift devices. The investigation
conducted a Reynolds number of 6 x 10¢ included teste of two 10-percent-chord
Leading-edge flaps, one was designed to slide forward along the upper surface of
a NACA641-0012 airfoil, while the other was hinged near the leading edge on the
bottom surface, with and without a 20% chord trailing-edge split flap. The section
lift characteristics for a range of flap deflections are shown, as well as the pitching
moment characteristics and lift characteristics with leading-edge roughness for the
best flap arrangements. The maximum section lift-coefficient increments for the
optimum upper- and lower-surface leading-edge flap configurations on the plain
airfoil were 0.43 and 0.12, respectively, according to the results. The
corresponding angle of attack increases for maximum section lift coefficients were
4.0° and 1.4°, respectively. The optimum upper and lower-surface leading-edge
flaps generated increments of 0.81 and 0.43 when the airfoil was coupled with a

20-percent-chord trailing-edge split flap deflected 60°.

The corresponding increments in the angle of attack for the maximum section
lift coefficients were 6.9° and 3.9°. The highest maximum section lift coefficient,
2.98 at an angle of attack of 16.2°, was obtained when the upper-surface leading-
edge flap was used in combination with the trailing-edge split flap. The deflection
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of either type of leading-edge flap resulted in a forward movement of the
aerodynamic center at high angles of attack. The lower surface leading-edge flap
installation was less sensitive to Leading-edge roughness than the upper-surface
leading-edge flap arrangement. With the trailing-edge flap, the maximum section
lift coefficient for the upper surface of the leading-edge flap in the rough condition,
however, was about the same as the maximum lift coefficient obtained for the

lower-surface leading-edge flap in the smooth condition [29].

November 5, 1951, by Sleeman Jr, William C., Paul L. Klevatt, and
Edward L [30]: The purpose of this research was to look into the possibilities and
limitations of transonic testing of reasonably large lifting wings in a rectangular
slotted tunnel. The transonic aerodynamic properties of unswept and 45°
sweptback wings are compared in the Langley high-speed 7-by-10-foot tunnel and
the Langley Internal Aerodynamics Section's 4.5-by-6.25-inch slotted tunnel. To
study the impacts of relative model size in the slotted tunnel, two geometrically
comparable wings with sizes equal to 32% and 12% of the tunnel cross-sectional
area were studied for both sweep angles. In the testing, two-slot regions with 1/5

and 1/8 of the horizontal borders open were employed.

It was found that tunnel choking was eliminated and blockage effects for the
wings tested were alleviated by the slotted test section throughout the Mach
number range and lift range investigated. The overall transonic aerodynamic
characteristics of the four wings tested in the-open slotted tunnel, neglecting all
tunnel boundary corrections, were consistent with 7- by 10-foot tunnel results
throughout the Mach number range investigated. The amount of slot open area
showed a substantial effect at subsonic Mach numbers on lift-curve slopes, while
effects of the relative size of the model predominated at supersonic Mach
numbers. Jet boundary interference effects in the slotted tunnel, as indicated by
subsonic lift-curve slopes and pitching-moment characteristics near a Mach
number of unity increased appreciably with model size for the sweptback wings
[30].

December 1987 by Ladson, Charles L., and S. Acquilla Hill [31]: A
complete test program that is known as Advanced Technology Airfoil Test

program was carried out in the Langley Research Center's 0.3-meter transonic
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cryogenic tunnel to determine the static aerodynamic properties of a variety of two-
dimensional airfoils at transonic speeds and flight equivalent Reynolds numbers.
The Langley Aircraft Energy Efficiency Project Office and the Transonic
Aerodynamics Division supported the (ATAT) tests on a NACA 0012 airfoil to
obtain aerodynamic data as a part of the program which covered a Mach number
range of 0.30 to 0.82 and a Reynolds number range of 3 x 10° to 45 x 10°. To
produce these test conditions, the stagnation pressure varied between 1.2 and 6.0
atmospheres, while the stagnation temperature was changed between 300 K and
90 K.

[.6.2. Flow control and transonic regime

Airplane aerodynamics, from the time of the Wright Flyer to the beginning of
World War I, assumed that changes in air density were negligible as the air flowed
over the airplane. This assumption, called incompressible flow, was reasonable for
the 350 mph or slower flight speeds of airplanes during that era. Theoretically, it
was a tremendous advantage to assume constant density, and physically the low-
speed aerodynamic flows usually exhibited smooth variations with no sudden
changes or surprises. All this changed when flight speeds began to speed up
close to the speed of sound. The aerodynamic theory had to account for changes
in the air density in the flow field around the airplane, and physically the flow field
sometimes acted erratically, and frequently surprised and greatly challenged
aerodynamicists. Aerodynanticists in the 1930s simply threw these phenomena

into one pot and called them generically "compressibility problems." [32].

> A i
Figure 0-23 John Stack, Langley Research Center scientist, was Presented the Collier
Trophy in 1947, awarded for his conception of transonic research airplanes. His research
contributed to the X-1 breaking the sound barrier on October 14, 1947. (NASA Photo No.
LMAL
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On October 14, 1947, As the Bell X-1 approached Mach one, a region of the
aerodynamic flow above the wing became locally supersonic. This is because the
airflow increases its velocity as it moves over the top of the wing, therefore there is
always a section of the flow over the wing where the local velocity is greater than
the airplane's velocity. As the X-1 approached Mach 0.87, a pocket of locally
supersonic flow developed over the top of the wing. This supersonic pocket was
ended on the downstream by a normal shock, which was practically perpendicular
to the flow. This shock formation was the cause that made flight at Mach one such

a terrifying prospect at the time.

Bryan, G. H 1918-1919 [33]: working for the Committee at the Royal
Aeronautical Establishment in 1918 and 1919, conducted a theoretical analysis of
subsonic and supersonic flows on a circular cylinder (a simple geometric shape
chosen for convenience). He demonstrated that compressibility pushed adjacent
streamlines further apart in a subsonic flow. His study was difficult and complex, a
foreshadowing of things to come, and provided few useful data. However, it
highlighted the British's concern about the impact of compressibility on propeller

performance [33].

January 22, 1947, by Mathews, Charles W., and Jim Rogers Thompson
[34]: Drag measurements at transonic speeds on rectangular and swept-back 45°
airfoils are provided. These airfoils, placed on cylindrical test bodies, are part of a
series being tested in free drops from high altitudes to assess the influence of
fundamental airfoil parameter change on airfoil drag characteristics at transonic
speeds. These rectangular and swept-back airfoils had the same span, airfoil
section (NACA 65-009), and chord perpendicular to the leading edge. The studies
were performed to evaluate the drag of rectangular and sweptback airfoils at a
larger aspect ratio than had previously been used in an identical comparison. At a
Mach number of 1, the drag of the swept-back airfoil was less than 0.15 that of the
rectangular airfoil and less than 0.30 that of the rectangular airfoil at a Mach
number of 1.17.

A comparison of these swept-back airfoils to similar airfoils with lower aspect
ratios previously studied using the same method showed that in the observed

speed range, decreasing aspect ratios resulted in greater drag. However, in the
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highest part of the examined speed range, the drag coefficient of the high-aspect-
ratio swept-back airfoils approached that of the lower-aspect-ratio swept-back
airfoils A similar comparison for the rectangular airfoils showed that delay in the
drag rise and a reduction in drag at supercritical speeds can be reallzed through a
reduction in aspect ratio. These results confirm those reported in NACA ACR No.
L5J16 [34].

January 1, 1958, by Chapman, Dean R., Donald M. Kuehn, and Howard
K. Larson [35]: The report shows the results of an experimental and theoretical
study on flow separation related to steps, bases, compression corners, curved
surfaces, shock-wave boundary-layer reflections, and leading-edge separation
configurations. Pressure-distribution measurements, shadowgraph studies, high-
speed motion images, and oil-film investigations all proved successful. The
maximum measurement range included Mach values ranging from 0.4 to 3.6 and

length Reynolds numbers ranging from 4000 to 5 million

S Corrsin 1961 [36] demonstrated that the direct numerical simulation of
high-Reynolds-number flows places an overwhelming demand on computer
memory and speed. [See Chapman (1979) for a comprehensive study of the grid
requirements for computational aerodynamics.] In direct simulations the number of
spatial grid points is determined by two constraints: first, the size of the
computational domain must be large enough to accommodate the largest
turbulence scales (or the scale of the apparatus), and second, the grid spacing

must be sufficiently fine to resolve the dissipation length scale.

October 21, 1977, by Tijdeman and Hendrik [37]: The authors present
exploratory wind tunnel tests in high-subsonic and transonic flow on a
conventional airfoil with an oscillating flap and a supercritical airfoil oscillating in
pitch. The experimental data are analyzed with a focus on the typical features of
transonic flow, particularly the interaction between the steady and unsteady flow
fields, the periodic motion of the shock waves, and their contribution to the total
unsteady air loads. The behavior of the supercritical airfoil in its "shock-free"
design condition is given special consideration. Furthermore, it is examined to
what extent linearization of the unsteady transonic flow issue is possible when the

unstable field is seen as a small perturbation superimposed on a given mean
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steady-flow field. Finally, the current state of unstable transonic flow theory is
discussed, and current test results are utlized to assess several recently

developed computation techniques.

Rogallo, R. S., Parviz Moin 1984 [38]: In this study, the Navier-Stokes
equations govern computational models of turbulence in incompressible
Newtonian fluids. The governing equations are examined, and turbulence
numerical modeling demands considerations of these equations, initial and
boundary conditions, numerical resolution, and techniques. It details some of the
various options and the outcomes that emerge from them, as well as direct and
large-eddy simulations. The resolution requirements and numerical methodologies
of spatial representation, formulation of initial and boundary conditions, and time
progression are all taken into account. The visual and discussion results of
simulations of homogeneous turbulence in uniform shear, the evolution of a

turbulent mixing layer, and turbulent channel flow are shown.

November 17, 1987, by Raghunathan, S [39]: This paper reviews
theoretical and experimental research on passive control shock-boundary layer. In
1983, the first paper in this field was published. Since then, there have been
researching programs in the United States, Germany, and the United Kingdom to
better comprehend the notion of passive shock wave boundary layer control and to
anticipate the effect of such a control on the aerodynamic forces on an aerofoil.
This review demonstrates how passive control in transonic flow may reduce drag,

improve lift, and minimize unstable pressures on an airfoil.

Stanewsky, E., Délery, J., Fulker, J., Geissler, W. 1997 [40]: ONERA, the
University of Karlsruhe, and Cambridge University conducted fundamental studies
on transonic shock wave boundary layer interaction under passive control
circumstances, with each institution focusing on a different part of the topic.
Extensive tests, together with a theoretical analysis of the data, have enabled the
definition of certain fundamental physical processes involved in the control
mechanism. The research done by the universities of Karlsruhe and Cambridge
has allowed for the development of more precise transpiration rules that take into
consideration the precise properties of the perforated plates. ONERA obtained

detailed information on turbulence behavior. Thus, it is clear that the blowing in the
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first part of the control region causes a rapid thickening of the boundary layer, with
the resulting increase in displacement thickness being felt as a ramp by the outer
inviscid flow, with the formation of a lambda shock pattern replacing the single
normal shock of the interaction without control. As a result, the wave drag is
significantly reduced. The combined blowing-suction effect and hole roughness, on
the other hand, generate an increase in friction drag, which can exceed the

improvement in wave drag.

The same conclusions hold valid for interactions in 2D and 3D. The influence
of the porous plate shape on shock control efficacy appears to be quite weak.
Turbulence typically rises as a result of control, which may be linked to the blowing
action's increased instability of the boundary layer. Numerical simulations of the
interactions in two- and three-dimensional flows reveal significant flaws in the
fundamental turbulence models, which frequently provide unsatisfactory results
even in the reference solid wall case. Despite these limitations, Navier-Stokes
computations using relatively basic algebraic turbulence models can be useful in
investigating flow physics, testing new physical models, and running comparative

investigations of alternative control systems.

ADAM JOSEPH WELLS 2005 [41]: This thesis study successfully illustrated
how the CFJ airfoil moved from CFD modeling to wind tunnel testing. It proved the
CFJ airfoil's high-performance capability. In terms of maximum lift and stall margin,
the smaller injection slot airfoil outperformed the larger injection slot airfoil. It was
also demonstrated that the larger injection slot airfoil excelled over the smaller
injection slot airfoil in terms of lift for a given angle of attack and drag reduction.
The PIV data gave evidence of how the stagnation point position changes as mass
flow rates fluctuate.

When the stagnation point moves, the lift and drag properties change. The
PIV data collected was utilized to create velocity profiles of the CFJ airfoil and
compare them to those of a conventional airfoil. The information was also utilized
to compare the velocity profiles of two distinct CFJ airfoils employed in wind tunnel

experiments.
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Figure 0-24 PIV image of flow over CFJ0025-065-196 A) 40 deq
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Figure 0-25 PIV image of flow over baseline airfoil A) 10 deg and B) 20 deg [41].

November 2006, by K. Richter, S. Koch, H. Rosemann DLR AS-HK and
Bunsenstr [42]: A new high Reynolds number design approach for transonic
airfoils with an application in the outer part of a modern transport aircraft wing was
researched and tested. Unlike traditional low Reynolds number design
approaches, this method takes use of complete aerodynamic performance and
controls the boundary layer characteristics. Three airfoils with very similar
aerodynamic performance but differing boundary layer developments on the top
surface were developed for transonic free flight situations. RANS calculations were
used to examine and evaluate the performance and boundary layer properties of

the airfoils.
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April 2016 [43]: Three airfoils with very similar aerodynamic performance but
differing boundary layer developments on the top surface were developed for
transonic free flight situations. RANS calculations were used to examine and

evaluate the performance and boundary layer properties of the airfoils.

Drag reducing
Techniques

Active Passive

Ry

Retrofits Control Surfaces Modifications

Flaps, splitterplates. Riblets, streaks,
boat tails dimples, tabs, porous
lavers

Vents, domes
backward steps

Figure 0-26 Classification of passive flow control techniques [43]

This paper's content focuses on flow control, its importance, and an in-depth
examination of flow control technologies. It also covers the development of flow
control techniques during the last few decades. The authors also investigated
drag, drag reduction, turbulence, and turbulence control. To simulate the flow in
CFD software, a detailed understanding of the turbulence models used in
computer science is required. Simulating multi-physical medium models is difficult,
thus academics have developed novel models, such as the Penalization approach,
to address such issues. Active approaches will outperform passive methods in
terms of drag reduction and control. However, due to problems in sensor
technology and algorithm development, active flow control has limitations. Passive

approaches are simple to use and do not require any external energy.
1.8.2. Wings and Airfoils:

Gorrell, Edgar S. & Martin, H. S. 1917 [44]: The NACA Technical Report No.
18 titled "Aerofoils and Aerofoil Structural Combinations” was published in 1917.
The authors claim that mathematical theory has yet to be applied to airfoil design.
At that time, much of the effort was trial and error. Multiple brass airfoil models
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with spans of 18 inches and chords of 3 inches were tested in a wide tunnel. The
report summarizes the findings of wind tunnel studies on cambered aerofoils and
biplane body-wing combinations. Aerodynamic parameters such as drag, lift-drift

ratio, and stability derivatives are provided.

L. J. BRIGGS and H. L. DRYDEN 1927 [45]. This paper offers an
elaboration of an analysis of the aerodynamic properties of particular airfoils
described in N. A. C. A. Technical Report No. 207. The work was done at the
request and with the financial support of the National Advisory Committee for
Aeronautics. The Chemical Warfare Service kindly provided a big compressor
facility at Edgewood Arsenal for the trials. Through a more comprehensive and
methodical set of testing, the conclusions given in Report No. 207 were confirmed
and expanded to greater speeds. Air flow near the surface of the airfoils was also
observed, and dramatic variations in lift coefficients were found to be connected

with an abrupt breaking away of the flow from the top surface.

The studies were performed on 1-inch chord models, and a comparison with
previous measurements on 3-inch chord models demonstrates that the sudden
change in the lift coefficient is attributable to compressibility instead of a change in
the Reynolds Number. However, the Reynolds Number has a significant impact on
the drag coefficient. The pressure distribution measurements provide data on the
load distribution at high speeds to the propeller designer, as well as a better image

of the air-flow changes.

The NACA started looking for techniques to improve the maximum lift of an airfoil
in the late 1930s. They introduced the NACA five-digit airfoil series, as well as
airfoils such as the 23012, which are used on aircraft such as the Beechcraft
Bonanza. The camber and thickness was represented in the first and last two
digits, and the second digit indicated twentieths of a chord rather than tenths. The
middle digit represented either a straight mean camber line or a curved mean

camber line.
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FIGURE 1.27. A technician readies the recording instrumentation of a P-51D
Mustang modified for wing-flow transonic research. The test model (an XS-1
shape with a swept horizontal tail) is at midspan, with mechanical linkages
connecting it to the instrumentation installed within the modified gun bay. NASA
Image L-46802 [46]
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Figure 0-28. Jones’s initial conception of the swept wing, noting his briefing to
AAF Representative Jean Roché in late February 1945. Robert T. Jones
biographical file, NASA History Division, Washington, DC [46]
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May 1, 1947, by Furlong, G. Chester, and James E. Fitzpatrick [47]

The present paper contains the results of tests made with a wing of NACA
230-series airfoil sections in Langley 19-foot pressure tunnel - The tests were
conducted at tunnel pressures of 14.7 and 33 pounds per square inch absolute.
These tunnel pressures gave Mach number ranges of 0.10 to 0.35 and 0.08 to
0.27

The corresponding Reynolds number ranges were from 1.53 x 10° to 4.53 x
10° and from 2.45 x 10° to 7.88 x 10°, respectively. The tests included force tests
and chordwipressure-distribution measurements at six spanwise stations. Wings
with full-span, partial-span, or split flaps deflected 60 degrees and without flaps
were tested. All flap designs had their pressure distribution measured chordwise.
Peak values of maximum lift coefficient were attained at relatively low free-stream
Mach numbers and were nearly totally reliant on Reynolds Number before
reaching the critical Mach number. By raising the Mach number or deflecting the
flaps, the lift coefficient increased, however, the critical pressure coefficient was

attained at lower free-stream Mach numbers.

February 25, 1952, by McDevitt, John B [48]: The transonic similarity
principles were used to connect experimental data for a set of 22 rectangular
wings with symmetrical NACA 63A-series sections, aspect ratios ranging from 1/2
to 6, and thicknesses ranging from 2 to 10%. The data were collected using the
transonic bump technique over a Mach number range of 0.40 to 1.10, which
corresponds to a Reynolds number range of 1.25 to 2.05 million. The results
indicate that by employing transonic similarity parameters in forms consistent with
the Prandtl-Glauert rule of linearized theory, it is possible to match experimental
data throughout the subsonic, transonic, and moderate supersonic regimes. The
many families of fundamental data curves for different aspect ratios and thickness
ratios have been summarized in single presentations involving just one geometric

variable - the product of the aspect ratio and the I/3 power of the thickness ratio.
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March 1988, by Wood, N. J., and L. Roberts [49]

For modest blowing requirements, preliminary results show that coflowing,
tangential leading-edge mass injection can extend the zone of stable, controlled
vortical flow across the top surface of a delta wing by roughly 30 deg angle of
attack. Maximum normal force coefficients were increased by roughly 30%, and
considerable rolling moments were created at angles of attack ranging from 35 to
60 degree.

S Vortex location
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Figure 0-24 Concept of crossflow
separation control [49]

The concept shown a dissociation of the two lift components, linear and
nonlinear. This implies that such a method might be a feasible option for modifying
normal force without changing attitude, producing control moments at extremely
high angles of attack (both steady and transient), and raising the L/D of very
narrow cone-like bodies at modest angles of attack. The decoupling of the lift
components was proven to be dependent on the crossflow blowing momentum
coefficient, implying that operation at speeds greater than Mach 1 should be

conceivable.
September 9, 2009 (1985-1994) by Jacquin, Laurent, et al [50]

Flow unsteadiness caused by shock-induced separation across a
supercritical transonic profile (the ONERA OAT15A profile) has been carefully
investigated experimentally in order to offer well-documented test cases for
validating advanced predictive algorithms. The statistics also give additional
information that may be used to further understand the phenomena. The research
was carried out in a transonic wind tunnel equipped with adaptable walls for a

variety of upstream Mach numbers and angles of incidence in order to properly
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guantify the conditions that lead to a transonic buffet. Surface flow visualization,
high-speed schlieren videography, and steady and unsteady surface pressure
measurements were used to analyze the flow. The pressure measurements have
provided a precise characterization of the buffet start conditions as a function of

the flow upstream Mach number and profile incidence.

adaptive wall

_windows
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Figure 0-25 OAT15A supercritical profile in the S3Ch transonic wind
tunnel
The study was carried out in the continuous closed-circuit transonic S3Ch
wind tunnel of the ONERA-Meudon Center. This facility is powered by a 3500 kW
two-stage motor-ventilator group and has a test section size of 0.78 x 0.78 X
2.2 m. The Mach number domain extends from 0.3 to 1.2, the stagnation pressure
being the atmospheric pressure, and the stagnation temperature comprised
between 290 and 310 K. The model is an OAT15A profile with a relative thickness
of 12.3%, a chord length ¢ = 230 mm, a span of 780 mm (which gives an aspect

ratio AR = 3.4), and a thick trailing edge of 0.5% of the chord length.

January 11, 2012, by Huang, JingBo, et al [51] Throughout this paper,
IDDES, one of the most advanced RANS/LES hybrid methods, is used to
numerically simulate extremely unsteady shock wave buffet induced by strong
shock wave/boundary-layer interactions (SWBLI) on the upper surface of an
OAT15A supercritical airfoil at a Mach number of 0.73 and angle of attack of 3.5
degrees.

The results indicate that conventional URANS approaches are incapable of
accurately predicting the buffet phenomena on the wing surface, IDDES, which

includes additional flow physics, anticipated the buffeting phenomenon. Some
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complicated flow phenomena are expected and shown, including shock wave
oscillations in the streamwise direction, a powerful shear layer separated from the
shock wave owing to SWBLI, and plenty of small-scale structures broken down by
shear layer instability and in the wake. Root Mean Square (RMS) of fluctuating
pressure coefficients and the streamwise range of shock wave oscillation are in
good agreement with the experimental results. Then, to reduce the shock wave
buffet, two vortex generators (VG) with an inclination angle of 30 degrees to the
main flow directions are positioned in front of the shock wave zone on the upper

surface.

The results indicate that VGs may greatly suppress shock wave buffet, that
the RMS level of pressure in the buffet zone is successfully reduced, and that the
averaged shock wave position is noticeably shifted downstream, resulting in higher

overall lift.

August 26, 2015, by Jain, Shubham, Nekkanti Sitaram, and Sriram
Krishnaswamy [52]: The study presents steady-state, two-dimensional
computational experiments done on the NACA 0012 airfoil to examine the
influence of Reynolds number fluctuation on the aerodynamics of the airfoil without
and with a Gurney flap of the height of 3 % chord. The computations are carried

out using the RANS-based one-equation Spalart-Allmaras model.

At all Reynolds numbers and angles of
attack, both lift and drag coefficients increase
with Gurney flap compared to those without.

=)

Lift coefficient, C;

The following major conclusions are taken:

ol
n

= Reynolds number plays a very major A
role in the airfoil aerodynamics for /";;‘;::2:::‘;‘;;1;_*;f,.}r;:n':f;.;;;‘;ff
the NACA0012 airfoil without and & =%
with Gurney flap. Lift decreases and Lo e
drag increases when  Reynolds ol Same
number is decreased. Tt e

= For the airfoil with GF, the Reynolds Figure 0-26 Variation of C_I with
number has adverse effects on |lift AoAfordlfferent_Reynolds

.. . . numbers for the airfoil without and
coefficient, while drag coefficient of with GF [52].
the airfoil with GF has some

beneficial effects compared to the airfoil without GF.
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» For high Reynolds number above critical range, decrease in €; and

increase in €4 are negligible.
» As the Reynolds number is decreased below the critical Reynolds

number range, C; decreases and C, increases at a very steep rate
and the performance degrades rapidly.

= For lower Reynolds numbers, the two vortices behind the Gurney
flap vanish. The Gurney flap seems to increase the effective camber
of the airfoil, causing negative zero-lift angle and reduced stall
angle.

September 9, 2015, by Kumar, K. Harish, C. K. Kumar, and T. Naveen
Kumar [53]: The primary purpose of the article is to simulate and analyze the RAE
2822 supercritical airfoil with and without wedge profiles, as well as to investigate
aerodynamic parameters such as lift and drag coefficients at various Mach
numbers. The research also concentrated on the computation at various angles of

attack and the free stream.

“The airfoil with wedge profile is more stable and contributes to better
performance for operation at an angle less than 10 degrees up to Mach 1 and up
to stall angle beyond Mach 1. This Shows that Supercritical airfoil with wedge
profile is more stable and gives good performance characteristics at transonic
Mach regime” [53].
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Figure 0-27 RAE2822 airfoil A)Pressure Variation across Normal Shock (M=0.8)
B)Pressure Variation across Oblique Shock (M=1.2) [53].

e The Lift Coefficient is increasing with an increase in the angle of
attack and decreases with an increase in Mach speed due to a rise
in drag coefficient in the transonic region. This is in agreement with
the airfoil theory.
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e The Maximum Lift obtained in the Transonic airfoil with wedge
profile is relatively less but is more stable at 15 degrees angle of
attack which is near to the stall point.

e The Pressure, Velocity, Temperature & Turbulence Kinetic Energy
Contours are found to be appropriate for corresponding Mach inputs
and angles of attack.

e The ratio of Lift to Drag coefficient determines the airfoil
performance which follows the same trend for both the foils.

e The Plots with respect to the angle of the attack show that the foil
with wedge performs better up to an angle of attack of 10 degrees
and drops on further increase in the angle of attack. This trend is
continued upto Mach 1.

e The trend after Mach 1 shows that the foil with wedge gives better
performance at all angles of attack.

July 1, 2017, by Sohail, Muhammad Umer, and Asad Islam [54]:

The study shows acceptable FHESEEsE
computational findings for the | |S&ie:
Transonic ONERA wing. The outcome
is in  good agreement with the Ff%%
experimental data. The good validation |
of the CFD result of the Cp distribution

with  experimental data is highly

encouraging. Figure 0-28 Cp contour with shock

formation [54]

The ONERA M-6 wing is the ultimate validation case for peripheral
flows in CFD. Because of its simple geometry linked with transonic flow
complexities (i.e. local supersonic flow, shocks, and turbulent boundary
layer separation). Transonic flow has been examined over the sweeping
wing ONERA M-6. Computational analysis is used to determine the
position of shock waves and the supersonic area on the wing. Since its
approval as a validation example in several CFD research articles, it has
effectively formed a standard for CFD codes. The  Spallart
Allmaras turbulence model was used to perform a 3D flow simulation on
the ONERA M6 wing in Fluent. At an AOA of 3.06 degrees, with a
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Reynolds number of 11.72x 10°and a Mach of 0.8395, the flow was
modeled as transonic and compressible. The resulting CFD findings will
be evaluated against experimental data for the 1/5th spanwise location of

the wing.
May 5, 2018 by D Koti, A Khan [55]

A grid independence analysis is conducted for the RAE 2822 airfoil
at Mach 0.725 and Reynolds number 6.5 million. A study of three different
grid sizes reveals that the results do not vary as the grid size is increased.
The pressure coefficient plot over the airfoil surface for all three grids is
identical. The lift and drag coefficient values for the three grids are also
compared, revealing relatively low error. A comparison of pressure
coefficient plots with experimental values (from reference [56]) indicates
that the numerical results match the experimental data well, despite the
fact that the shock location is predicted upstream of the experimental

results.

The Pressure contour and Mach
number contour clearly show the formation
of a normal shock on the upper surface of
the airfoil. The Mach number contour also
shows the formation of local supersonic flow
over the upper surface of the airfoil
indicating the freestream Mach number to be
over the critical Mach number. The velocity
contour shows the thickening of the
boundary layer aft of the shock wave

indicating that any increase in flow

conditons will lead to boundary layer

separation [55]. Figure 0-29 A) RAE2822
Pressure Contour
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Table 1.Upstream flow parameters used in RANS simulations for the supercritical
wing profile OAT15A [57].

Turbulence closure T,n(K) P.o(Pa)
Experimental
My exp = 0.73 RANS GLVY-RSM 300 10°
AOA.y, =1.50° RANSLSK — ¢ 300 105
Rey = 3 x 10°
My exp = 0.73 RANS GLVY-RSM 300 10°
AOA,,, =3° RANSLSK —¢ 300 10°
Rey = 3 x 10°
M, exp = 0.75 RANS GLVY-RSM 300
A0A,,, =3° RANSLSK —¢ 300 10°
Rey = 3 x 10° 10°

June 28 by Valentin Bonnife [57]: This Ph.D. continues the work of
Gerolymos and Vallet [58] on the creation of a sub-mesh model with the
7 transport equations and a second-order statistical closure. The objective
is to employ Gerloymos-Lo-Vallet-Younis's [59] development of the
second-order statistical closure to build a sub-mesh model with a control

parameter that regulates the quantity of turbulent kinetic energy.

The suggested RANS/LES hybrid approach is based on Girimaji's
[60] Partially Averaged Navier-Stokes method (PANS). It is incorporated
to replicate the experiment performed at the Office National Etude et de
Recherche Aérospatial (Onera) of the transonic Buffeting on the OAT15A
wing profile or the shock-wave boundary layer interaction causes a self-
sustaining motion on the top side of the airfoil under certain inflow
circumstances. Reynolds  Averaged Navier-Stokes cannot predict
averaged fields because the large unsteadiness is nondeterministic,
necessitating an LES method. According to the results, the proposed

approach takes into consideration shock-wave motion.
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September 19, 2018, by Eftekhari S and Al-Obaidi ASM [61]

Eftekhari S and Al-Obaidi ASM examined the aerodynamic
properties of a NACAO0012 wing shape at low Reynolds numbers and
angles of attack ranging from 0° to 90° using numerical models, and the
results are corroborated by Taylor's University subsonic wind tunnel
measurements shown in FIGURE 1.35. Further tests are carried out at low
Reynold's numbers of 1x 10°, 2x 10° and 3 x 10°. The study's findings

reveal a similar pattern for the lift and drag coefficients for all of the

analyzed Reynolds numbers.

=
PATS

o]

Figure 0-30 (a)Taylor’s University subsonic wind tunnel (b)
NACAO0012 wing model (c) Mesh of the fluid domain [61].

The lift coefficient effect increases with angle of attack until it
reaches its maximum at 32°, which isthe stall angle. It is determined that
as the angle of attack increases, the lift coefficient decreases until it
reaches its minimum value of 90°. The drag force acting on the airfoil rises
as the angle of attack increases, and the increase in drag force results in

a transition from laminar to turbulent flow.

The drag force acting on the airfoil rises as the angle of attack
increases, and the increase in drag force results in a transition from
laminar to turbulent flow. As the turbulence increases, the flow begins to

split from the airfoil surface due to turbulence-generated eddies.
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As a result, the lift force provided by the wing is reduced while the

drag force increases, resulting in poor wing performance.

July, 2020 by Arpit Aggarwal, Ralf Hartmann, Stefan Langer, and
Tobias Leicht [62]:

This work conducts several experiments to explore the turbulent flow
field and the spectral analysis of velocity component variations in the
vortex-dominated flow field. Two vortices are formed above the wing in
this configuration: the first in the front part of the wing, the Inboard Vortex
(IBV), and the second on the third leading-edge region, the Mid-Vortex
(MBV). Experiments using a Fast Response Aerodynamic Pressure Probe
(FRAP) are carried out in this study to evaluate the spectral properties of

velocity field variations for a triple delta wing design.

The flow field pattern is examined using Particle Image Velocimetry
(PIV) data that shows the spatial distribution of turbulent kinetic energy.
The focus of the spectrum study is to evaluate instability mechanisms
linked to vortical flow shear layer and vortex bursting. The flow field
findings for three distinct cross sections are shown at « = [16° 24°,32°].
There is a vortex development of inboard vortex (IBV) and midboard
vortex (MBV) at o< = 16°. (MBV).
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Figure 0-31 (a) Pressure distribution with streamlines (b) Delta
wing with attached sting [62].

Figure a) Pressure distribution with streamlines (b) Delta wing with
attached sting [62].
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July 1, 2021, by Yuanjing Wang, Dawei Liu, Xin Xu, and
Guoshuai Li [63]:

The effects of the Reynolds number on the aerodynamic properties
of a transport aircraft are carefully investigated using cryogenic wind
tunnel testing and CFD technologies. The ETW wind tunnel data reveal
that in wind tunnel testing, the aeroelastic deformation of the supercritical
wing has a significant impact on aerodynamic properties in the presence
of a shock wave, which may even exceed the effect of the Reynolds
number. Furthermore, the transition zone can increase the stability and
repeatability of wind tunnel data and, to some degree, simulate in-flight
transition position; nevertheless, it cannot model boundary layer thickness

and evolution on the supercritical wing surface.

The wing deformation effect is adjusted in this work using in-house
developed CFD software confirmed by wind tunnel data, and the transition

zone is removed when the test Reynolds number exceeds15 x 10°.

When the ETW wind tunnel test data and numerical CFD results are
combined, it is possible to conclude that the Reynolds number has a small
effect on the aerodynamic characteristics of the supercritical wing when
the shock wave is absent, but dramatic Reynolds number effects can be

found when the shock wave is present.
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August 2021 by Dr. Vinayaka N, Akshaya C, Praveena BA,
Praveen Kumar UB, Marulasiddeshi HB [64]:

This research focuses on the influence of turbulence intensity on
airfoils in the transonic regime at varied attack angles (AoA). A
supercritical airfoil is computationally examined at 2% and 10% turbulence
intensity, Mach 0.8 and Mach 0.9 at 0° and 5° AoA. To solve the issue
numerically, the Computational Fluid Dynamics approach is applied to the
SC20412 airfoil to understand the airfoil's behavior at the flow regime of
transonic at different boundary conditions to predict the airfoil's and shock
waves’ behavior. The conclusion obtained from this case study is

presented below.

» The airfoil becomes inactive at Mach 0.9 due to its decreased C;.

= As the turbulence intensity increase, the normal shock wave formed on the
upper surface moves away from the LE.

» Formation of shock wave on both surfaces of airfoil leads to increase in drag
and decrease in lift.

» The position of shock wave on surfaces of airfoil depends on Mach number,
AOA, and turbulence intensity.

*» Flow separation is observed as the AOA is increased. There was no flow
separation at Mach 0.9, 50 AoA.

March 2022 by Bing Han, Min Xu, Guoguang Chen, et al. [65]

A well-validated delayed detached eddy simulation technique was
used to explore the transonic buffet over a prescribed-pitching OAT15A
airfoil. The computational method was validated by comparing the results
on the fixed airfoil with Jacquin’s experiments as well as other
computational results in previous studies. The current method effectively
replicated self-sustaining shock wave oscillations. According to the
computational results, the amplitude of the Ilift variations in the pitching

case is almost six times that of the stationary case.
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1.8.4. Control Surfaces

July 1, 1920, by Prandtl, Ludwig [66] The flow of a fluid around an
infinite span lifting surface is investigated in terms of the presence of
vortexes in the current. There is a discussion on the general basis of lifting
surface theory and the general theory of permanent flow. There are
formulas for determining the influence of aspect ratio that can be applied

to all wings, regardless of plane form.

January 1, 1947, by Racisz, Stanley F [67] An investigation has
been made in the Langley two-dimensional Low-turbulence tunnel to
determine the highest maximum Lift configurations (ideal configurations)of
a 0.35-chord slotted flap on a NACA 65(112)A111 (approx.) airfoil section.
The scale effects on the aerodynamic characteristics were determined for
Reynolds numbers ranging from 2.4 x10° to approximately 25 x 10°.
Increasing the Reynolds number from 2.4 x 10° to 9 x 10° decreased the
flap deflection for the highest maximum lift from 45° to 40° and 35°

(deflections 40° and 35° gave some maximum lift).

When the Reynolds number was increased, the flap location for the
highest maximum Lift moved upward roughly 1% of the airfoil chord for
flap deflections of 35° and 40°, and rearward for a flap deflection of
35°.The flap configuration with the center or the riap Leading-edge radius
Located at 1.98 percent chord behind and 3.21 percent chord below the
slot lip at a flap deflection of 35° was the optimum configuration, A
maximum increase of only 0,1 in the value of the maximum section lift
coefficient was obtained at a Reynolds number of 9 x 10° by Shifting the
flap from the position giving the highest maximum lift at a Reynolds
number of 2.4 x 10° [67].

In general, raising the Reynolds number delayed the stall and
created a more gradual stall for both the flap-retracted and flap-deflected
designs. The maximum section lift coefficients for the flap-retracted
configuration increased as the Reynolds number increased to 18 x 10°

and then slightly decreased with a further increase in Reynolds number,
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while the coefficients for the flap-deflected configuration increased as the

Reynolds number increased to 13 x 10°and then decreased slightly.
December 16, 1947, by Erickson, Albert L, Stephenson, and Jack D [68]

This report summarizes the findings of a study of shock movement
on a three-dimensional wing with and without aileron flutter. Several
adjustments and variations to the wing and control are included in the
research. A preliminary technique of analysis is established based on
these data and some fundamental ideas of the cause and mechanism of

" transonic flutter."

The test results are provided, followed by a general discussion and
design recommendations. It is demonstrated that transonic flutter is
induced by a lag in the build-up of the resultant hinge moment when the
velocity over the wing increases sufficiently to delay the change in
circulation after control displacement. Under these conditions, the hinge
moment operates in the direction of motion for more than half a cycle,
allowing for a constant oscillation. According to the results of the analysis,
controls must be designed with a large mass moment of inertial or with a
high degree of irreversibility if damping is not applied. When a mechanical
restraining influence is present in the control system, attention must be
given in its design to ensure that the natural frequency of the system does
not fall between one-half the aerodynamic frequency and the aerodynamic

frequency.
April 25, 1950 by H. Kurt Strass [69]

The Langley Pilotless Aircraft Research Division used rocket-
powered test vehicles to investigate the effect of spanwise aileron location
on the rolling effectiveness of 0.2-chord plain faired ailerons on untapered
wing plan forms with 0° and 45° sweep, NACA 65A009 airfoil sections,
and an aspect ratio of 3.7 at subsonic, transonic, and supersonic speeds.
Furthermore, drag data for all setups covered in this study are supplied.
When the impacts of the control area and moment arm were considered,

the findings reveal that for unswept wings, there was little or no difference
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in rolling efficacy with spanwise aileron position of the particular aileron
type studied.

However, spanwise control location on wings with a 45° sweep is an
extremely important consideration because the inboard half-span aileron
was significantly more effective than the outboard half-span aileron
throughout the entire speed range tested and proportionally more effective
than the full-span aileron when the effects of control area and moment
arm were considered. At a Mach number of 0.7, the inboard aileron
provided around 60% of the full-span effectiveness, with the proportion
gradually rising until at a Mach number of 1.5 and higher, the inboard
ailleron was nearly as effective as the full-span design. Furthermore,
statistics for a shielded horn balance connected to the outboard half-span
aileron arrangement for both the swept and unswept instances are

provided. There was little difference in rolling performance.

September 1, 1952, by Wood, George P [70] Interferometry was
used to investigate several characteristics of transonic flow around the
front regions of wedge profiles. The two types of flow patterns that occur
at the leading edge of a wedge at an angle of attack were measured. The
expansion of the supersonic area was also seen at a sharp convex corner
produced by two flat surfaces. The pressure drag coefficient of 14.5 deg.
semiangle wedge was measured at Mach numbers of 0.768, 0.819, and
0.854 and found to be comparable with those of smaller angle wedges
when plotted using the transonic similarity law. The flow behind an
experimentally  determined sonic line was computed using the
characteristics technique, and the predicted flow field was compared to
the measured flow field. The precision with which the sonic line must be
located in order to accurately represent the pressure distribution on the

surface behind it was calculated.

June 1976, by Lovell, D. A. [71] The effects of adding a Fowler flap
and spoiler to an advanced general aviation wing were investigated at the

Langley Research Center V/STOL tunnel.
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The wing was tested without a fuselage or empennage, and it was
outfitted with three-quarter-span Fowler flaps and half-span spoilers.
When the flaps were deflected, the spoilers were hinged at the 70% chord
point and vented. Static longitudinal and lateral aerodynamic data were
collected for various flap deflections and locations, spoiler geometries,
and vent-lip geometries throughout an angle-of-attack range of -8° to 22°.

In general, the efficacy of the spoiler rises with increasing angle of
attack, with increasing flap deflections, and is impacted by vent-lip
geometry. Furthermore, the statistics demonstrate that in the three-
dimensional case, some two-dimensional impacts on spoiler efficacy are

reduced.

The results also show that the Ilift coefficient increases significantly
when the Fowler flaps are deflected, when the flap was fully deflected, the

maximum wing lift coefficient increased by about 96%.
September 1984 By Consigny, H., A. Gravelle [72]

Wind tunnel studies were conducted to assess the unstable
efficiency of a spoiler-like control surface. The examination of oscillations
of the spoiler was the focus of the initial series of tests. Several factors
were studied to see how they affected the amplitude and phase of
oscillatory pressures and lift. It was demonstrated, in particular, that the
findings are highly dependent on the freestream Mach number, spoiler
mean deflection, and frequency of oscillation. In the second series of
studies, transient pressures and transient lift were measured in response

to a quick and large shift in spoiler angle.

The experimental results show the complexity of the flow pattern
associated with the motion of this form of control, as well as the presence
of large unsteady and significant nonlinear effects, the possibility of a
control unsteady effectiveness reversal was also seen. Such
characteristics would almost probably complicate the design of a feedback

control system.
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May-June 1994 by Storms, Bruce L., and Cory S. Jang [73]

Two lift-enhancing devices were studied experimentally on a two-
dimensional single-element airfoil, and the following findings were

reached:

At low-to-moderate lift coefficients, the Gurney flap may
greatly boost the lift of a single-element airfoil while causing only a
little increase in drag.

*To reduce drag during the cruise, the small split-flap
arrangement with a hinge line forward of the trailing edge can be
used, offering performance equivalent to the Gurney flap.

=Vortex generators can delay flow separation and raise the
maximum lift coefficient on an airfoil that suffers trailing edge stall.
However, because of the significant drag increase associated with
these devices, they must be incorporated into a high-lift system by
being placed towards the leading edge of the flaps and/or the
primary element where they will be concealed during the cruise.

*The Gurney flap and vortex generators can be used in

concert to produce a higher lift increase than either device alone.

March-April 2000 by D Jeffrey, X Zhang, DW Hurst [74]

The time-averaged flow downstream of a Gurney flap is composed of
two counter-rotating vortex, while the instantaneous flow structure is
composed of a wake of alternatively shed vortices. The frequency of
shedding is proportional to the height of the Gurney flap and the thickness
of the boundary layer at the trailing edge of the aerofoil. The vortex
shedding causes an increase in base suction, which is nearly constant
across the downstream face of the Gumey flap and is linked to the

formation length of the recirculation zone.

The upstream face slows the flow in the same way as a flat plate
immersed in a turbulent boundary layer does. As a result, the Gurney flap
creates a pressure differential at the trailing edge, and this pressure

difference generates an increase in overall circulation.
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March 2002 by Heller, G., P. Kreuzer, and S. Dirmeier [75]

The development and integration of a new high-performance wingtip
device for transonic aircraft is a comparison of numerous wingtip device
types which revealed that a novel wingtip architecture provides the
optimum compromise to meet the difficult criteria. This new Shark wingtip
family's design idea is revealed. The possibility for improved aerodynamic
performance is highlighted in the findings of computational and
experimental investigations. The benefits of the Shark family are
demonstrated by discussing integration effects, namely structural design

concerns and features of aircraft controllability.
June 7, 2,006 by Fillola, Guillaume [76]

The purpose of this thesis is to assess the efficacy of numerical
approaches based on RANS equations to predict the effects of moving
surface deflections and the prediction of aerodynamic forces and hinge
moments caused by the deployment of ailerons and spoilers which is an
important step in the entire design process of an aircraft since it has a
large influence on the final weight. It is based on the findings of two
research. The first step is to describe the behavior of a supercritical profile
with a spoiler or an aileron. A soufflerie test program is thus carried out in
order to provide a platform for the validation of three-dimensional
numerical models that include the tunnel walls. The second study's goal is
to apply CFD to industrial designs of a fuselage/wing with a guided rudder.
"Chimere and Patched Grid" techniques are used in this approach to help
with the meshing process. A mesh deformation approach is also created

to quickly simulate multiple aileron deflections.
June 30, 2011 by A Ragheb, M Selig [77]

This work was motivated by the following objectives: decreasing the
cut-in  wind speed, increasing the transportability of large wind turbine
blades, and developing the ability to raise the spar cap spacing to allow
for structural optimization of the blades. The main purpose of this research

was to create conceptual multi-element airfoil designs that would improve
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the aerodynamic performance of a wind turbine blade's inboard area.
Increasing the lift coefficient of a wind turbine blade's inboard region
assists in starting the wind turbine at lower speeds and allows the turbine
to produce its rated power at lower wind speeds, and these improvements
would in turn increase the power output, increase the capacity factor, and
open up new locations for wind turbines that would otherwise be

unsuitable for wind turbine placement.

A computational research was conducted to evaluate possible multi-
element airfoil configurations that would act as aerodynamic protection for
an assumed spar cap geometry based on the DU 00-W-401 blade root
airfoil shape. Using an inviscid multipoint inverse airfoil design method,
seven multi-element airfoil shapes with varied combinations of flaps, slats,
and struts were designed and optimized. The airfoil variants were then
tested at Reynolds values representative of a utility-scale wind turbine.
The airfoil versions were then evaluated at Reynolds numbers that
corresponded to a utility-scale wind turbine. All of these designs produced
much greater lift-to-drag ratios and lift coefficients than the baseline DU

00-W-401 airfoil, with Cl/Cdmax increases of up to 82 percent.

May 3, 2014, by Hossain, Md Amzad, Mohammad Mashud, and
Khondakar Wahida Taskin [78]

The main objective of this project is to investigate the physics of flow
over an airfoil without and with a spoiler at various angles. This
investigation will reveal how to stall point decreases with spoiler angle
change. The variation of the lift and drag components of force may be
examined for the spoiler which is placed at 5 percent of the chord and the
spoiler length is 10 percent of the chord at various angle values (2.5°, 5°,
7.5°, 10°, 12° degrees are held in design).

The following are the problem specifications: build geometry in
GAMBIT, mesh geometry in GAMBIT, specify boundary types in GAMBIT,
set up the problem in FLUENT, solve the problem, and evaluate the
results. This analysis revealed that lift is reduced while drag is increased,
demonstrating the frequent nature of spoilers, and it can be concluded
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that the numerical experiment of the NACA 2415 airfoil having a spoiler on
five different angles has been identical to the main function of the spoiler.

June 26, 2015, by Chia Min Leong, Erica Cruz, Dan Clingman,
and Michael Amitay (Experimental Study) [79]

The interaction of both static and dynamic VG with a laminar
boundary layer was investigated in this work wusing surface oil flow
visualization and SPIV. The presence of five main vortical structures was
revealed by oil flow visualization results: the main vortex caused by the
VG, a primary and secondary horseshoe vortex caused by the roll-up of
the incoming boundary layer upstream, and two induced vortices caused
by the presence of these horseshoe vortices. The presence of these
vortical structures was verified by SPIV data. It reveals that the vortices
observed were unstable under small amplitude motion, despite the fact
that the horseshoe vortices looked to be more sensitive to periodic motion

since they formed and faded constantly during the oscillation cycle.

A dynamic vortex generator (DVG) was designed with the purpose of
reducing any additional drag that may occur while the DVG is not in use
and also investigating the effect of sinusoidally oscillating the DVG in the

wall-normal direction on the flow field.

leading edge separation bubble main vortex from vortex generator

——
vortex,generator
" »

flow di‘ection

measurement domain
(for SPIV)

secondary induced vortices
horseshoe vortex primary horseshoe vortex

Figure 0-32 Surface oil flow visualization for flow over the static VG

placed at a skew angle of 27°. Flow is left-to-right. The primary flow

features present on the surface are labeled. The measurement domain
selected for SPIV measurement is also shown [79].
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June 26, 2015, by R Cummings, D Clingman, O Sahni (Numerical
Study) [80]

A VG was put in a laminar boundary layer flow and its interactions
with the cross-flow were investigated at various actuation parameters
such as height/amplitude and frequency. In the case of the SVG, two
vortices form in the wake: the main vortex and the horseshoe vortex. In
the DVG cases, the motion of the VG significantly changes the flow field in
the wake and these changes depend on the actuation amplitude and

frequency.

According to these investigations, DVG is a more effective flow
control device than SVG. However, the influence of various DVG settings
on cross-flow is not well understood. The purpose of this study is to look
at the impacts of the DVG's actuation amplitude and frequency. The VG
was set at an angle of 18 degrees. The mean height was set at the local
boundary layer thickness (&), and the corresponding Reynolds number

(Res) at the VG position was around 2000.

June 17, 2016, by T Rice, R Cummings, D Clingman, O Sahni

(Experimental and Numerical Investigation) [81]

The influence of VGs on flow reattachment over the flap was studied
experimentally and numerically on a modified NACA 0012 airfoil with flap
deflections of 20° and 30°.

The unsteady Reynolds averaged Navier-Stokes (URANS) equations
and the Spalart-Allmaras turbulence model were used in the simulations
by taking into consideration flap deflections of 20° and 30° while the
experiments focused on the flap deflection of 20. For a flap deflection of
30, both the baseline and SVG cases were simulated, whereas for a flap

deflection of 20, only the baseline case was simulated.

At two different heights, static vortex generators were examined. The
SVGs resulted in a considerable increase in the local suction peak near
the hinge line at both heights. SVGs increased circulation around the
airfoil model by reducing the extent of flow separation over the flap.
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January (3-7), 2022, by Xiong, Juntao, Nhan T. Nguyen, and
Robert E. Bartels [82]

Aerodynamic optimization analysis of the Mach 0.8 Transonic Truss-
Braced Wing (TTBW) aircraft with Variable Camber Continuous Trailing
Edge Flap is presented in this work. The VCCTEF is an innovative wing
shape control concept designed to increase aircraft aerodynamic
efficiency. Drag reduction investigations are carried out for two alternative
VCCTEF designs, with six and ten spanwise sections. In the design of the
Mach 0.8 TTBW aircraft, a basic VCCTEF actuator weight model is
employed to account for the weight penalty of the actuator. For quick
aerodynamic performance assessments, a vortex-lattice model of the
Mach 0.8 TTBW aircraft is created including transonic small disturbance,

integrated boundary-layer, and airfoil interference corrections.

The optimization results show that the 6-spanwise sections
VCCTEF provides a relatively better solution for drag reduction when the
actuator weight penalty is considered. A high-fidelity CFD solver FUN3D is
used to verify the VCCTEF optimization design.
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CHAPTER

»

MATHEMATICAL II
MODELING

» CHAPTER CONTENT

II.1 Fundamental equation of instantaneous compressible fluid..........................

[1.2 Reynolds-Averaged Navier-Stokes equations (RANS)..........cooiiiiiiiiiiinnnnns
1.3 Turbulence Modeling. ..o e
.4 Wall Treatments ... e

» OUTLINE

In this chapter, the equations that are allowed for the performance of the gas
under consideration will be defined. We start with the law of the state that allows
relating state variables, which describe the state of matter under a given set of
physical conditions, such as pressure, volume, temperature, or internal energy.

The fundamental rule for viscous fluid is then retained by recalling the
formulation of the tensor of the constraints inside the fluid owing to pressure and
velocity gradients. We will start with the assumption of a continuous medium
consisting of compressible and viscous fluid. It is assumed that the fluid under
consideration validates the Navier-Stokes equations, which are supplemented with
classical constitutive laws and the ideal gas state law. Furthermore, it is assumed
that the fluid's density is low enough to allow gravity's effects to be ignored (non-

heavy fluid hypothesis).
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II.1 Fundamental equations of instantaneous compressible fluids

For a compressible, viscous, and supposedly ideal fluid, the fundamental
equations of flow can be given by the conservation laws.

= The continuity equation is:

ap N i) —o
T TAGE
(I1.1)
Where:
e pis the fluid density,
e u; is the j component of the velocity vector.
And the conservation of momentum equation is:
2 2 2
57 Pu) + a_xj(puiuj) = ax, (=Pd; +17y)
(1.2)
Where:
e P isthe static pressure,
e §;;is the the Kronecker tensor,
e T is the viscous stress tensor.
= Conservation of energy equation:
d d d 2 (11.3)
—(pE) 4+ —|uw;(pE + P)| = ——q; + — (U:T;::
3¢ PE) + 7% [w;(pE + P)] ox, Y ax) (wityj)
Where:

e g is the heat flow in the | direction,

o E is the total energy per unit mass, which is expressed by the following
relationship:
(1.4)

1
E = e+Eukuk
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= Equation of state of an ideal gas:

P = pRT C,—C,=71 ¢, (11.5)

Where:

e y being the particular ideal gas constant,
e (C, and C, respectively represent the specific heats at constant pressure
and constant volume.

For a supposedly Newtonian fluid, the viscous stress tensor T;; takes the following
form:

_ (0%, 0% s (O (11.6)
Tij_” ax] axi i ax]

In which p and 4 are related by the Stokes hypothesis: 34 + 2p = 0

= The heat flow g; per unit area as a function of temperature is written as

follows:
oT (1.7)
q. = —K—
J 0x]
e K is the thermal conductivity which is expressed as a function of the
dynamic viscosity by the Prandtl number P,..
= =7%
= Assuming that the fluid is calorically perfect (internal energy e = C,T and
enthalpy h = C,T), the heat flow can be written:
aT u oh
q. = K —m = — —_——_—
J ax] Pr ax] (“9)

» The dynamic viscosity is given for the temperature range studied,
by the following Sutherland law (used by FLUENT):

T (1+S/T,
= 7 11.10
H ”°/T0<1+5/T> (11-10)
Where po = 1.78938 10~°kg.m~1.s™! is the viscosity of the fluid at the

reference temperature T, = 288K and S is a fixed constant for the air at
110 K.
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II.2 Reynolds-Averaged Navier-Stokes equations (RANS)

An instantaneous quantity ¢ of the flow can be decomposed according to
Reynolds into an average part ¢pand a fluctuating part ¢’

1 to+At
¢=¢+ ¢ avec ¢ = llm (A_t>,f d(t)dt (I1.11)

Averaged Navier-Stokes equations may contain additional terms such as
Reynolds stress tensors. These averaged equations are simplified for
compressible flows using Favre's formula, which consists in decomposing
the instantaneous quantity, and then we will have:

_ i, t+T
i = ; = ;1111_{?0 f p(x,t)u;(x, t)dt (1.12)

Since Favre's formula removes density fluctuations, it is considered a
mathematical simplification. The quantities of the fluid according to the
derivation of these Favre averaged equations (Favre-averaged Navier-
Stokes equations) and their discretizations based on the technique of
finite volumes, as utilized by the code FLUENT are written by:

o~ 7
(ui —ui+ui

p=p+p
p=p+p (1.13)
e=¢ +e;
h=h+h"

By replacing the previous quantities in the Navier-Stokes equations, we
obtain the following formulas:

= The continuity equation is then

ap a | (11.14)
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= The momentum equation is:

0 __ a .
3t P + 5 (PU,)

op , 0 l_(aﬁi o, 2 9, )l (11.15)
_ _ ’

e
ax]- ax] ax] axi 3 axk

a =TT IT
+ 6_x] (—puiu))

Where the term —pu;'u;’ stands for Reynolds stresses (turbulent flows of

momentum) which must be modeled in order to complete the closure of
the system of equations.

The turbulence models in the FLUENT code use Boussinesq's concept of
turbulent viscosity, which assumes that the Reynolds stress is a linear
function of strain ratio:

o1, 01 zaﬁk6> 2 (11.16)
ij

Py = <6x]- * ax; 30x B §pk6ii

Where pu,is the turbulent viscosity and k is the turbulent energy given by
the following formula:

—— .17
k =§u;(’u;(’ (11.17)

The averaged FANS equations (Favre-averaged Navier-Stokes equations)
are obtained by replacing the momentum equation with the continuity
equation:

% (ﬁﬁl) + aix] (pulu])
w9 [ o, oW, 20,
20  _
“3ox, (=pk)
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" For the energy equation

. . . -
3¢ (Ph) + a—x]_(Puih)

_%  _0p _ oW 0w 2 [ or (1.19)
- 9x Y 0x; t 0x; Ty dx, 0x;\ 0x;
a ' h!!

= Additional terms appear:

The first term is the fluctuating enthalpy, it can be written in the following
form:

0 _ ipr 1 aTz_C p O _ o e 9T
ax]-puj - fax; P tax PProox; (11.20)
Where:

e I is the turbulent diffusivity which is expressed as follows: I, = :_t

Tt
e Pr,is the turbulent Prandtl number fixed at 0.9.

The second term is the turbulent energy dissipation ratio &€ which depends
on the choice of the turbulence model. The dissipation ratio is obtained by
solving the equation for €.

» For the k — £ model, this term is defined by:

= pe (11.212)

If the equation of &€ is not solved (as in the Balwin-Lomax model), it is
expressed as follows:

ou] o <61’1i o, 29, )

Y ox, "oxj\dx; dx; 30x; Y (11.22)
= The averaged state equation is given by the following formula:
p = prT (11.23)
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[I.3 Turbulence Modeling

11.3.1 Introduction

Over a century ago, why did Osborne Reynolds propose
decomposing instantaneous flow quantities into two components? When
we presented the incompressible laminar flow with constant viscosity, the
Navier stokes equation governs laminar flow, which is derived from
momentum conservation in three dimensions, where we have an x, y, and
z component, and because we have three variables and three equations,
we can solve this and find a specific and accurate governing equation for
basic laminar flows under known boundary conditions, much like we
learned in the differential equation. However, when the turbulent flow is
included, engineers and mathematicians do not find it as easy as the
laminar case, and they are still working to solve the Navier stokes
equation by conceiving it as a Reynolds averaged Navier-stokes equation.
To do so and progress to turbulent flow, we will need to apply Reynold's
decomposition, which decomposes the velocity "u" stated in the Navier-
Stokes equation into two components, an average Vvelocity and a
fluctuation that indicates a form of turbulent intensity. The fact that we take
equations with velocities and substitute two variables for each time there
is a velocity leads to a much more complicated Reynolds averaged
Navier-Stokes equation.

When we compare the x-momentum of laminar flow to the x-momentum of
turbulent flow, we can see that the first one was a solvable equation that
included gravity, pressure gradient, viscosity, and acceleration, as well as
the three variables of velocity, in three different directions. Yet, when
turbulence is introduced, decomposition takes place. As previously stated,
it is characterized as Reynolds' decomposition, which results in a difficult
mathematical problem with more variables than equations (averages of
variables, fluctuations, and the average of fluctuations). Now since we
have an unsolvable issue, new equations are required to close the
system, which is why turbulence models are used.

As early as 1910, Taylor (1913) and Prandtl (1925) carried outthe first
successful calculations of turbulent flow, introducing for the first time the
concept of Mixing-length! to determine the viscosity of turbulence.
Afterward, Von Karman (1930), Taylor (1930), and others contributed
significantly to the type of Mixing-length models (1932). In which they
always consider turbulence viscosity to be the only function of local
parameters.
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Prandtl (1945) then introduced k-l models (k: kinetic energy of turbulence
which is determined from a transport equation and I: it is a length scale
determined algebraically). These models have been confirmed for
relatively simple flow configurations.

Following the Stanford Conference (1968), Klin et al (1969) determined
that a simple turbulence model may govern the two-dimensional boundary
layer. This is incompatible with Tillman-type flow, which necessitates
additional intermediate computations. The challenges of turbulence
modeling discussed at the 1981 Stanford conference are more
complicated than those covered at the 1968 conference. The most recent
conference provided a good synthesis of modeling and current numerical
methods.

11.3.2. Turbulence Models

Modeling the turbulent flow is so complicated for complex scenarios like
flow past an aerofoil, and a lot of it has to do with the turbulent eddies, the
main challenge is capturing the wide range of length scales associated
with the turbulent eddies.

Large eddies contain a lot of kinetic energy and over time the energy in
these large eddies feeds the creation of progressively smaller eddies until
at the smallest scale, the turbulent energy is minuscule eddies dissipates
as heat due to frictional forces caused by the fluid viscosity, that means
the energy in the flow is cascading from the largest to the smallest eddies,
and so this concept is called “ The energy cascade” this term was
summarised by the physicist Lewis Fry Richardson, who wrote:

""Big whirls have little whirls that feed on their velocity, and little whirls have lesser
whirls, and so on to viscosity" [84]

Because of this behavior, turbulence involves a huge range of length
and time scales that makes analysis of turbulent flow very complex and
probably the most significant challenge facing the field of Fluid Mechanics
because we can't accurately describe the fluid behavior of a flow past an
aerofoil using simple equations. So to analyze the flow we have to use
either experimentation or numerical methods, or a combination of the two.
Modeling flow using numerical methods in the field of Computational
Fluid Dynamics, which we will go through in-depth in the following
chapter.

Prandtl's mixing length theory, which is known as simple modeling of

Reynolds stress, the random movement of a fluid parcel is considered
based on the analogy with the mean free path of a molecular in
thermodynamics [83]
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When we model the fluid domain around the aerofoil as a mesh of
discrete elements, define boundary conditions and fluid properties, and
apply an appropriate assessment technique to find a solution. There are
three main techniques which are DNS, LES, and RANS techniques, and
differ mainly in how they treat turbulence on these different scales to
simulate flow in CFD.

11.3.2.1. Direct Numerical Simulation

DNS is very computationally expensive, it is not a practical solution for
the vast majority of fluid flow problems. It involves solving the Navier-
Stokes equations down to even the smallest scales, and so all turbulent
eddies are fully resolved, meaning that they are simulated explicitly.

[1.3.2.2. Large Eddy Simulation

LES is much less computationally expensive than DNS. This technique
resolves the large-scale eddies explicitly, but small-scale eddies are
fitered out and are modeled using what is known as a subgrid-scale
model.

11.3.2.3. RANS technique

The Reynolds-Averaged  Navier-Stokes  technique is the least
computationally expensive of the three techniques. This is a time-
averaged method that doesn’t resolve eddies explicitly at all. Instead, it
models the effect of eddies using the concept of turbulent viscosity.

Several different turbulence models exist, like the Spalart-Allamaras,
K-Epsilon, or K-Omega models, with different models being better suited
to different problem types. They are organized as follows:

» One Equation Model Spalart-Allmaras equation.
» Two Equations Models are:

o Standard k — € model,

o Renormalization-group (RNG) k — &,

o Realizable k — &,

o k — w Model,

o k— wSST Model.
» Five Equations Reynolds stress model (RSM).

The following table summarizes the benefits and description of various
eddy viscosity RANS models, starting from the 'zero' equation mixing
length model to the more advanced two-equation k — w SST model [85]
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Table 2.RANS Turbulence Model Descriptions and Usage [85]

Model

Description

Behavior and Usage

Spalart-Allmaras

= Asingle transport equation model

solving directly for a modified turbulent viscosity.
= Designed specifically for aerospace
applications involving wall-bounded flows on a
fine near-wall mesh.

= Fluent's implementation allows the use of
coarser meshes, and Option to include the strain
rate in the production term improves predictions of
vortical flows.

= Economical for large meshes.

= Performs poorly for 3D flows, free shear
flows, and flows with strong separation.

= Suitable for mildly complex

(quasi-2D) external/internal flows and

boundary layer flow under pressure gradient

(eg airfoils, wings, airplane fuselages,...)

Standard k — €

= The baseline two-transport-equation model
solving for k and &. Coefficients are analytically
derived, valid

for fully turbulent flows only.

= Options to account for viscous heating,
buoyancy and compressibility are shared with other
k — £ models.

» Strong. Widely used despite the known
limitations of the model.

» Performs poorly for complex flows

» involving severe pressure gradient,
separation, and strong streamline curvature.
»  Suitable for initial iterations, initial
screening of alternative designs, and
parametric studies.

Realizable k — €

» A variant of the standard k — € model.

» Equations and coefficients are analytically
derived. Significant changes in the & equation
improve the ability to model highly strained flows.
= Additional options aid in predicting swirling
and low Reynolds number flows.

» Suitable for complex shear flows
involving rapid strain, moderate swirl,
vertices, and locally transitional flows
(eg boundary layer separation, massive
separation, vortex shedding behind bluff
bodies)

Renormalization-
group (RNG)
k—¢

» A variant of the standard k — ¢

model. Its "realizability” comes from changes that
allow certain mathematical constraints to be obeyed
which ultimately improves the performance of this

model.

» Offers largely the same benefits and has

similar applications as Realizable.

» Possibly harder to converge than
Realizable.

Standard k — w

» A two-transport-equation model solving for

k and w, the specific dissipation rate (e / k) based
on Wilcox (1998).

» This is the default k — w model.

» Demonstrates superior performance to k — €
models for wall-bounded and low Reynolds number
flows.

» Options account for low Reynolds number
effects, free shear, and compressible flows.

»  Superior performance for the wall
bounded boundary layer, free shear, and low
Reynolds number flows.

» Suitable for complex boundary layer
flows under adverse pressure gradient and
separation (external aerodynamics and
turbomachinery).

»  Separation can be predicted to be

excessive and early.

k — w SST

» A variant of the standard k — w

model. Combines the original Wilcox model for use
near walls and the standard k — € model away from
walls using the blending function.

»  Also limits turbulent viscosity to

guarantee that 7~k.

> Offers similar benefits as standard k — w.
» Not overly sensitive to inlet boundary
conditions like the standard k — w

» Provides a more accurate prediction of
flow separation than other RANS models.

Reynolds stress
model (RSM)

» Reynolds stresses are solved directly using the
transport equation, avoiding the isotropic
viscosity assumption of other models.

»  Use for highly swirling flows.

» The quadratic pressure-strain option improves
performance for many basic shear flows.

»  Physically the most sound RANS

model. Avoids isotropic eddy viscosity
assumption.

» More CPU time and memory are
required. Tougher to converge due to the close
coupling of equations.

» Suitable for complex 3D flows with
strong streamline curvature, and strong swirl
rotation (eg curved duct, rotating flow
passages,).
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» The transport equations :

The transport equation defines how a scalar quantity moves through
space.

l+Gk+Gb ﬁS—YM-l—Sk (”24)

d - + d S k) = a <_+m)ak
35 PO (pu,- )_ax,- "t pry) s,

(ps) +or (pu,s)
0 ((_ I
= ox, (r+ Pr,

+S.

pe’
Sy

(Gk + Co3Gp) — C (11.25)

Slk

) de ey
ax]-

Where:

» G, indicates the generation of kinetic energy as a result of the
velocity gradient,

* G, isthe production of k as a result of volume force detachment,

» Yy is the contribution of fluctuating expansion in the compressible
turbulence for (¢),

= (,,C,, C,3 are constants,

" S, S Source terms,

» Pry, Pr, are Prandtl's turbulent number for k and &.

» Turbulent viscosity modeling:

The turbulent viscosity is calculated using the following formula:

k2

¢,k
He =P (11.26)

» Turbulence production modeling:

The term Gk denotes the generation of turbulent kinetic energy and is
similarly modeled in standard (k —¢) models, RNG models, and realizable
models. This term can be defined using the exact transport equation of k
as given in the following equation:

7 aﬁi
Gk = —pu uy, a_x, (||.27)

The value of G, using the Boussinesq hypothesis takes the following form:

G, = I1;S? (11.28)

Where S is the medium tensor module of the stress ratio and S is the
strain tensor, defined as:
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11.29

¢ _1(9U; oU;

¥ 2\ ax; * ax; (11-30)
» Effect of volume force on turbulence:
The generation of turbulence due to pressure forces is given by:

B u; oT (11.31)

Gy = ﬁgiPrt ox,

= Pr;is the turbulent Prandtl coefficient for energy, which is given on both
realizable and standard models by default by: Pr, = 0.85
» g, is the component of the gravitational vector in the i direction.

» Thermal expansion coefficient g is given by: B = —é(a—ﬁ)
p \aT p
* Inideal gas case we have:
n; dp 11.32
Gp=—8izp—5— (132
pPr;0x;

» Compressibility Effects:

Compressibility influences turbulence through dissipation of

expansion for flows with a high Mach number, which is generally ignored
in the modeling of incompressible flows. Neglecting expansion dissipation
explains the reduction in dissipation ratio observed for compressible
mixtures and other free shear layers as the number of Mach increases
[86].

To describe these effects in the k —e models in Fluent, the term Yy
dilation dissipation is included in the equation of k. According to S. Sarkar
et al., this term consists of the following form [87]:

Yy = 2peM? (11.33)
k
M, =\/; , a=.yrT (11.34)

Where a represents the speed of sound.
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1.4 Wall Treatments

FLUENT provides three types of wall treatment, although all three may
not be available at all times depending on the turbulence model, and wall
treatment is a set of near-wall modeling assumptions for each turbulence
model. The types are described in the following:

The "high-y+" wall treatment implies a wall function approach in which
the near-wall cell is assumed to be within the boundary layer's logarithmic
region.

The "low-y+" wall treatment is only appropriate for low Reynolds number
turbulence models in which the viscous sub-layer is assumed to be
suitably resolved.

The "all-y+ " wall treatment is a hybrid that aims to replicate the high-wall
treatment for coarse meshes and the low-y+ wall treatment for fine
meshes. It is also developed with the required feature of generating
appropriate responses for meshes of intermediate resolution (— in other
words, when the wall-cell centroid falls inside the boundary layer's buffer
zone).

The wall functions are a set of semi-empirical functions that are used to
match the physics of the flow near the wall. The existence of the wall
influences turbulent flow in a variety of ways, including the non-slip
requirement that must be achieved at the wall. The near-wall zone is
made up of four parts: the laminar sub-layer, the blending region, the log
law region, and the outer region. Each region has a different influence on
turbulence, and the y* position of the initial cell in the boundary layer
requires special attention. Depending on the size of this cell, a new set of
equations will be employed, although this one must not be comprised
between y* =5 and y* =30 because no turbulent model is available in
this area.

Instead of not resolving the entire boundary layer for a y* comprised in
the viscous sub-layer and buffer layer, wall functions are used to bridge
the viscosity-affected region between the wall and the fully-turbulent
region.

11.4.1. Standard Wall Functions

Standard wall functions provide good accuracy for the vast majority of
high-Reynolds-number, wall-bounded flows, but they faill when the flow
circumstances differ considerably from the ideal conditions used to create
the functions.
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The following are examples of when these restrictions may be reached:

» Widespread low-Reynolds-number or near-wall effects (e.g., flow
through a small gap or highly viscous, low-velocity fluid flow),

= Strong transpiration (blowing/suction) through the wall,

= Extreme pressure gradients induce boundary layer separations,

= Body forces that are strong (e.g., flow near rotating disks, buoyancy-
driven flows),

= High three-dimensionality in the near-wall region (e.g., Ekman spiral
flow, severely skewed 3D boundary layers).

The standard wall functions are derived from the momentum equation,
which leads to the law of the wall for the temperature and depends on the
y* to considerably minimize the cost of computation (memory size and
simulation time) and the laws of walls are utilized to replace the condition
of adherence to a wall.

11
2

_ (Mo —Tp) peypCiky (11.35)
q
T =
( 52
* 1 Cuk * *
' Pry" +;pPr—2Uj O <yr)
{ . (11.36)
cﬁkg

| Pre E In(Ey") + P] + %p {Pr,U% + (Pr + Pr)U%}  (y" > y})

q
(y* < y7): Linear law for the thermal conduction sublayer where conduction is
important.

(y* > y7): Logarithmic law for the turbulent region where effects of turbulence
dominate conduction.

The pressure P is computed using Jayatilleke's formula, and the yz is determined
as the y* reach the linear and logarithmic laws intersect. The linear or logarithmic
profile is used to calculate the wall temperature T, or heat flux g, depending on
the y* value at the near-wall cell.

)
buffer &
sublayer

| Wall Function Approach | | Near-Wall Model Approach ‘

=2
(]
D

Figure 11-1 Near-wall treatment in FLUENT (FLUENT, 2005a) [88]



Chapter 2 Mathematical Modeling

Table 3.Near-wall treatment in FLUENT (FLUENT, 2005a) [88]

» Wall Function Approach: » Near-Wall Model Approach:
= First grid point in log-law region = First grid point at y*~1 or less.
30~50 < y* <500 = Requires a sufficient number of grid
= The viscosity-affected region is not points (>10) within buffer and
resolved, instead is bridged by the sublayers.
wall functions. = Low-Re models are needed
= High-Re turbulence models can be = The near-wall region is resolved all
used because the viscosity-affected the way down to the wall.
region is skipped. » The turbulence models ought to be
valid throughout the near-wall region.

e Transport equations for turbulent quantities are only solved in the
fully formed turbulence zone and outside of the boundary layer using the
law of the wall model. This is accomplished by taking the distance
between the center of the first mesh and the wall as 30 < y* < 300.

e A local equilibrium hypothesis is used to compute the production of
turbulent kinetic energy, Gy, and its dissipation ratee, in the cell close to
the wall. We have, according to Launder and Spalding [89], the production
term is defined as follows:

au Ty
G Ty——=T (1.37)
®ay ka}/‘Lk;/zyp
€ is computed from:
i (11.38)

Ep =
KYyp

We are not concerned with the specifics of the boundary layer, but with
the overall effect of a wall on the flow. The modeling of near-wall turbulent
flows is based on the modeling of simple sheared wall turbulent flows.

The following parameters are developed in order to represent the various
rules of speed distribution in the various zones:

__pyu;
yr==- (11.39)
u
ut = (11.40)
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7., IS the shear stress at the wall.

» The turbulent boundary layer near a smooth wall is decomposed
into three separate layers by a multi-scale temporal analysis:

1. A viscous sublayer is the first layer in which the fluid viscosity
dominates the turbulent viscosity. The velocity profile in this zone is
linear and is expressed as follows:

ut =y* (11.41)
2. The viscous sublayer extends to a thickness of y* = 5

A buffer zone is an intermediate layer where fluid viscosity and turbulent
viscosity are equal.

3. An outer layer with high turbulent viscosity and a logarithmic velocity
profile, which is expressed as follows:

+_ 1 +
u* = —log(EY™) (11.42)

Where E,k (Von Karman constants), which have fixed values equal to:
E=0.9and k = 0.4.

o This outer layer is supposed to start from y* > 50
The turbulence model is the k —¢ model, in which the k equation is
calculated over the entire domain, including the surrounding wall
region, with the following boundary condition:

% _ o (11.43)

on
where n is the local coordinate normal to the wall.

o With the standard k-¢ model, the Reynolds wall stresses are

calculated assuming the existence of a velocity profile between the

wall and the first cell close to it. This profile is modeled by laws
similar to those described above. They are written as follows:

* if y <11.225

.t * Sy (11.44)
;log(Ey ) if y >11.225
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The expressions for u*and y*are:

1/4,1/2 - 1/4,1/2~

kb w=2-t (11.45)
14 , Ug Tw/P .
= With:

u, being the average velocity of the fluid at point P located at a distance
y, from the wall,
k, is the turbulent kinetic energy at point P.

I1.4.2. Enhanced wall functions

In  FLUENT, the enhanced function is utlized to enable near-wall
modeling with the accuracy of the standard two-layer approach for fine
meshes at the same time without compromising the results for wall
function meshes. The enhanced wall functions are coupled with the two-
layer model to accomplish that.

The two-layer model is a near-wall model that resolves the entire
boundary layer until it reaches the viscous sub-layer. The entire domain is
divided into two regions: viscosity-affected and totally turbulent, with the
separation determined by a wall distance given by a Reynolds number
dependent on y.

_ pyk (11.46)

Although the enhanced wall treatment is intended to extend the validity
of near-wall modeling beyond the viscous sublayer, it is still recommended
that you build a mesh large enough to resolve the viscosity-affected near-
wall region. In this situation, the two-layer component of the enhanced
wall treatment will be dominant, and the following mesh requirements are
suggested (notice that the mesh requirements are expressed in terms of
y* rather than y*) [90].
= When using the enhanced wall treatment to resolve the laminar

sublayer, y+ at the wall-adjacent cell should be on the order of y*= 1. A

greater y+, however, is acceptable as long as it is well inside the

viscous sublayer (y*<4 to 5) [90].

= At least ten (10) cells must be available within the viscosity-affected

near-wall region (Re,<200), to resolve the mean velocity and turbulent
guantities in that region [90]
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[1.5 Conclusion

In this chapter, we provided the equations that govern the flows around
an aerodynamic profile, along with the continuity and momentum
equations, as well as their non-dimensional and averaged equations. As
it introduces an extra element (Reynolds stress), a suitable closure model
combining the flows near to the walls and those far from the wall was
necessary.
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In this chapter, The third chapter goes into great depth on the presentation of the
computational code, containing a brief explanation of the CFD which stands for
computational fluid dynamics, which is used for numerical resolution, followed by the
inputs and parameters of our simulation.
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1.1 Introduction

What is the exact meaning of CFD? CFD stands for computational fluid
dynamics, which is a powerful tool that simulates fluid motion using computational
models. It can be used to analyze aerodynamics, fluid dynamics, combustion
systems, and a variety of other case studies.

Fluid dynamics is a branch of fluid mechanics that studies the motion of
liquids and gases. In particular, it focuses on the properties of fluids at rest and
under the influence of forces that act on a fluid causing it to move and fluid motion
can be described in different ways. It is divided into various sub-disciplines in
physics and engineering, one of which is aerodynamics, which is the study of
moving air and its influence on solid bodies placed in the flow field as an obstacle,
and most fluid dynamics equations, including all governing equations, turbulence,
boundary layer theory, and the ideal gas assumption, also apply to aerodynamics.
However, in terms of physical behavior, they are very similar and can be modeled
using CFD, more importantly, this can be integrated into the mechanical design
process for almost anything that moves in a fluid or gas, such as airplanes,

vehicles, motorcycles, and so on.

To begin, performing an effective simulation requires a fundamental
understanding of fluid dynamics and partial differential equations. This
understanding is based mostly on the fact that CFD replicates the Navier-Stokes
eqguation, which governs fluid dynamics. A numerical solver or a commercial CFD

solver is all that is necessary.

Numerical solvers can be any form of calculator that allows you to solve the
governing equations of fluid dynamics, such as Matlab or Python. In this manner,
we may create our own solver and numerical factors. What is also very common
are CFD solvers that contain all of these numerical solvers fully integrated and we
only need to know which solver we want to use and what parameters to
experiment with. The most common of these is, Ansys Fluent, which | use in my

validations.
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I11.2 CFD with ANSYS Fluent

The general process is to first create a geometry in CAD software or
within Ansys (Design Modeler, SpaceClaim), then meshing, which divides
the entire system into smaller parts to simulate, then set the solver to
specify how exactly we want the computer to solve the governing
equations, solve those equations numerically, and lastly post-processing.

As a result, unless the geometry is very simple, meshing and setting up
the solver is always the most complex and time-consuming element of
putting up a successful CFD simulation.

Although the actual iterative procedure is generally something we only
watch the computer execute, post-processing might take some time.

- A

il 7 Fluid Flow (Fluent)

30 NACADD12 Withaileron 0 validation pdf
Figure 111-1 ANSYS Fluent 21 R2 workbench steps

1.2.1. Geometry

The geometry is straightforward, depending on the case study, it can be two-
dimensional or three-dimensional, and we investigated both in this research, it is
important to note that the fluid is being simulated and not the object. Starting with
a 2D simulation, | subtract the location of the airfoil and simulate the fluid around
and outside of it, with the airfoil only serving as a limitation. The following are the

aerodynamic profiles investigated in this paper:

Symmetric airfoil NACA0012,

Supercritical airfoil OAT15A,

Supercritical airfoil RAE2822,

Symmetric airfoil NACA0012 with aileron at different deflection angles.
Supercritical airfoil OAT15A with aileron and spoiler at different
deflection angles.

a s owbdpRE
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[11.2.2. Meshing:

Meshing is the process of dividing a fluid region into smaller parts, or cells, in
order to solve the governing equations at each point in space. It assists in
discretizing and approximating the values of the turbulent equations using iterative
approaches, allowing us to do multiple CFD simulations efficiently. In theory, it is
feasible to simulate non-iterative methods or directly solve the Navier-Stokes
equations on turbulent scales for CFD, which is known as a direct numerical
simulation that enhances accuracy by adding more cells. In general, more cells
indicate greater accuracy, but also more computational effort for meshing, thus
there is always a delicate balance between what is accurate and what can be
achieved in a reasonable amount of time. Therefore, there are three methods for
dividing these cells: the finite element method, the finite volume method, and the
finite difference method. There are several methods for solving each cell inside a
mesh, each with significant advantages and disadvantages in terms of stability and

solution precision.

Meshing and obtaining technical details are important because we want
everything to be exact while being computationally economical. Cells should be
refined only in locations with larger pressure gradients where an interesting
phenomenon, such as separation, would occur. Flaps, sharp edges, and bumps

can all create various forms of separations.

» Ansys can do both structured and unstructured meshing on an airfoil. When
we run a higher angle of attack, the structured mesh on an airfoil should have a

more defined region in the wake direction.

1K
WIS A >

1)
RIERSKEEELR] n

Figure 111-2 RAE2822 airfoil A') Unstructured mesh B) Structured mesh
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[1.2.2.1. Y Plus (Y*)

Y plus is the first layer height, for most models, including the Spalart-
Alamars, k-omega, LES, and DES models, it should be less than one.
There are techniques to increase y plus values in order to reduce
computational demand by using wall functions, which are usually seen in
the k-epsilon model but also in the k-omega SST model. In this case, y
plus less than five is preferable based on the "Law of the Wall."

The "Law of the Wall' governs how boundary layers behave and the
approximations that are appropriate for different areas of the boundary
layers, as well as why "y plus" less than one is required for accurate
boundary layer calculation. This is detailed in-depth in the previous
chapter.

[11.2.2.2. Mesh quality

The precision and stability of the numerical computation are greatly
influenced by the mesh quality. Characteristics associated with mesh
quality include node distribution, smoothness, and skewness.

Verifying the quality of the grid is essential regardless of the type of mesh
utilized in your domain. Different quality parameters are examined
depending on the cell types in the mesh (tetrahedral, hexahedral,
polyhedral, etc.). There are several options for determining mesh quality:

1. Mesh independence is an important technique in which we begin with
an initial mesh (structured or unstructured) and increase the cell count
by decreasing the size. The refinement may then be increased in the
first layer's height or in the region behind it. And then observe how the
values change, if they don't change after raising the number of cells
any further, we've reached a point where adding more cells doesn't
result in additional accuracy, showing that we've achieved mesh
independence.

2. Other basic guidelines for creating a decent mesh include skewness,
aspect ratio, orthogonality, and growth ratio. They can be very different
for various types of applications.

2.1. Skewness, for example, is an essential aspect of mesh
quality since it relates to cell form. A structured quadrilateral
mesh should have zero skewness, but nothing can be this
perfect, therefore we should aim to maintain it as low as
possible. However, the skewness for unstructured meshes is on
a scale of zero to one, and the skewness for triangular and
tetrahedral meshes should be maintained below 0.9.
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2.2. Aspect ratio is a measure of a cell's stretching; it is the ratio
of the cell's length and height and should be kept below 35 in
areas with severe stress or flux gradients. However, even
around 40 produces acceptable outcomes. In terms of
convergence, higher aspect ratios can cause flux imbalance
and divergence. It may also be defined as the greatest distance
between cell centroid and centroids divided by the minimum
distance between cell nodes.

2.3. The growth ratio is the change in volume from one cell to
the next, and the smaller the change, the better. According to
research, you should not go over 1.2.

Furthermore, we can test running the computation first to determine if the
mesh is appropriate for the calculation. For example, since meshing might
take hours or days for larger simulations, we can compute it for 100 steps
and then evaluate the convergence.

However, a decent mesh is also determined for the models that we are
using. These measurements just provide geometric information about the
mesh and do not tell if the mesh is good or bad for a certain set of EDPs
such as K-omega SST, k-epsilon, or LES models.

Each physics has its own set of criteria when creating a mesh. Some
challenges need either a maximum or a minimum element size, or both, in
order to completely represent the physics.

"Is the mesh suitable for my problem?" we might ask. A defective
mesh or the incorrect usage of a mesh that does not effectively describe
the physics can cause residue oscillations, slow convergence, and
divergence. However, while a decent metric will not tell us if we have a
good or poor mesh, it will ensure that convergence difficulties are avoided
or decreased. The physical nature of the problem must also be considered
in this approach.

With the assumption that everything is correct in terms of metrics and
physics. In addition, if we have three grids with solutions that are quite
near, we may measure the difference and evaluate if we have mesh
independence based on the criterion of change of solution, as well as how
these three meshes may operate within our requirements. The
computational effort may be an issue, and a hard mesh may be employed
to complete the tasks, but consider the fact that we are not certain if our
problem is meshed independence.
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[11.2.3. Setting up Solver:

After meshing, the next step is to set up the solver, which should be
straightforward because we choose whether we want two or three
dimensions.

| set up parallel processing to divide the mesh and have each processor
solve a section of the grid, which may speed up the process of putting it all
together in the end, but it may also create errors. Because various
applications have significantly varied setups, it is likely safer if we
investigate our case carefully so that we can be certain about the setups.

Help

I loent auncher 2021 B2 Getting Flt Oniy) 0ox
Fluent Launcher

~ Show More Options Show Leaming Resources

Start cancel Help
‘ \\ NACADUTZ 20 (W BB, T8 OFe 8P} FIRST CASE NACAODTZ 20" (W nst,2nd Oreck) FIRST CASE

Figure 111-3 ANSYS Fluent Launcher 2021 R2

Here is how Ansys Fluent is set,as we can see, there are various solver
settings that must be altered based on our condition. In general, we utilize
pressure-based flow for incompressible flow because density does not
change, and density-based for compressible flow since the density of
fluid varies, which is our study case. Moreover, we have the option of
using either Steady-state or Transient-state solvers.

=
& G * o Bl = ne -
R . R Compressible flow
File Domain Physics User-Defined Solution
Mesh Zones
Display... (1] scale... & combine g Delete...
Ome . @ ® L Transform . | Oy Separate . g Deactivate...
# Units...  Checke Quallty ~ & oo polyhedra | ode Adjacency.. g Activate.. Assumed Steady
Outline View < Task Page
Filter Text General
- Setup & | Mesh
@ General 5
%) ® Models [ scale. || check |[Reportadaity]
+) & materials . Displey.. || Unis.. |
+) 5 cell Zone Conditions _—
+ [ soundary Conditions e
¥ Mesh Interfaces T

Z] Dynamic Mesh
[Z] Reference Values
+) 17, Reference Frames @ Density Hased
£« Named Expressions
- Solution

°, Time
Methods
Controls ® Steady ® Planar
+) [% Report Definitions Transient Aodsyrmimelric
2 e Axisymmetric Swirl

@ Cell Registers

T4 Automatic Mesh Adaption

£, Initialization Gravity
+) # Calculation Activities

="

Figure 111-4 Setting Up The Solver
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A transient state is used to see how values change over time, whether it
is vortex shedding or the time changing evolution of a fluid system, while a
steady state is probably the best for general aerodynamic forces analysis
(Drag, Lift, etc.).

111.2.3.1. Models

A. Energy equation

The energy equation is applied when heat transfer or combustion
problems are included.

Models

»

Models

Multiphase - Off -
Energy - On
Viscous - Spalart-Allmaras (1 egn)

Radiation - Off
Heat Exchanger - Off
Species - Off

Spala

z o
sypowis@mnz3 B @ F 7 2

= strain/vorticty-gased wall Prandtl Humber
optior

....... 1] e

Figure 111-5 Setting Up The Physics

B. Turbulent Model equations
*= One Equation Turbulent: Spallart-Allmarus,
= Two Equation Turbulent: K-Omega, K-Epsilon.

They are most commonly used for basic solutions and space
difficulties. These equations have many forms, such as the K-omega SST
and the K-Epsilon, as well as their different wall functions, including

standard wall functions, enhanced wall functions, far and wide, and in
between.

111.2.3.2. Define Materials

Once we choose the model, we Define Fluid (Air, Water, etc).

Temperature, viscosity, and other properties vary as we deal with heated
air or hot water.

Order Materials by

=) & Materials
=) & Fluid

& air Properties
) & solid
4 & cell Zone Conditions

g seak-gas
Cp (Speciic Heat) [V(kg )] conszzet

reate [ontere | (Y (e

Figure 111-6 Defining fluid and its properties Page | 88



Chapter 3 Numerical Approach

Also, the solid which is aluminum

B Create/Edit Materials X
Name Material Type Order Materials by
aluminum solid v | @ Name
Chemical Formula Fluent Solid Materials Chemical Formula
al | aluminum al) v —
| Fluent patabase... |
Mixture | e d
none - ‘GRAHTA MDS Database...
|user-pefined patabase...|
Properties
Density [kg/m?] constant v ||Edit...
2719
Cp (Specific Heat) [J/(kg K)] constant v | Edit...

871

Thermal Conductivity [W/(m K)] constant v | Edit...

@ ar s
& al

& ell Zon ns

O oundary Conditions

Change/Create | | Delete | \E\

Figure 111-7 Defining solid and its properties

[11.2.3.3. Boundary conditions

From there, we define Boundary Conditions, in which there are several
different value conditions that have a huge role in a fluid system.

A. Pressure Far Field
We used Pressure Far Field as a boundary condition. In addition, the static

pressure and upstream air temperature for the simulations were calculated using:

_ -1/y
Po = Py |1+ 2 M2 (I11.1)

. -1
T, =T [1+ L2 M2 (I11.2)

BB Pressure Far-Field =
_Znne Name
|far-feild
Momentum Thermal Radiation Species Potential Structure ubDs DP
Gauge Pressure [Pa] 58560 -
Mach Number 0.7 -
X-Component of Flow Direction|p.9996618784892 b
¥-Component of Flow Direction 0,02600247479294 -
Turbulence
Specification Method Intensity and Length Scale -
Turbulent Intensity [%] 5 -
Turbulent Length Scale [m] 0.07 -
(ie) ()

Figure 111-8 « Pressure Far-Field » boundary condition
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B. wall
No-slip condition for Walls, such as an airfoil:

x
Wwall Motion Motion
® Stationary Wall | | [¥] Relative to Adjacent Cell Zone
Moving Wall
shear Condition
Wall Roughness
Roughness Models Sand-Grain Roughness
® Standard Roughness Height [m]|n -
High Roughness (Icing)
Roughness Constant 0.5 -
(oo JEIIEY

Figure 111-9 « Wall » boundary condition.

Dynamic Mesh, we use it to allow the mesh or geometry to actually
change during a transient simulation, which is not our case.

111.2.3.4. Reference values

We must also define our Reference values, which determine the
Reference region depending on whether we are simulating in 2D or 3D.
For example, the chord length is the reference length of an airfoil. It also
defines inlet velocity and metrics for lift, drag, friction coefficients, and
other Report definition parameters.

Qutline View < Task Page <
Filter Text Reference Values ‘Q‘
=) [ Cell Zone Conditions #  Compute from
=) B Fluid far-feild v

{1 solid-surface_body (fluid, ic=3)

Reference Values
=) [ Boundary Conditions

Area [m?] 1

*) i Inlet
+) B internal Density [kg/m?] 0.6800387
) = wall Depth [m] 1

K¥ Mesh Interfaces

Z] Dynamic Mesh Enthalpy [J/kg] 331444.8

[%) Reference Values Length [m] 1
+) 17, Reference Frames Pressure [Pa] 58560
f+ Named Expressions Temperature [K] 300
- Solution
. Methods Velocity [m/s] 242.9641
4 Controls Viscosity [kg/(m s)] 0.0001555827
Y Q Report Definitions Ratio of Specific Heats | 1.4
+
Monitors Yplus for Heat Tran. Coef. 300
@ cell Registers
$ Automatic Mesh Adaption Reference Zone

2 Initialization solid-surface_body v
+) # Calculation Activities
© Run calculation
- Results o

Figure 111-10 reference values

111.2.4. Methods and Control

Underneath the "Methods" menu, you may set the parameters for the
discretization schemes for pressure, momentum and modified turbulent
viscosity.
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There are different orders for the viscosity and turbulence terms. Higher-
order, in general, uses a larger stencil and allows for more precision, but it
demands more computational effort.

Task Page ZIE Parallel Fluent@DESKTOP-3MEAAS! [2d, dp, dbns imp, S-A, 3-processes] [CFI

Solution Controls \§|

Courant Number

5
Under-Relaxation Factors
Modified Turbulent Viscosity

Figure 111-11 Simulation Methods and Control

[11.2.4.1. Report definitions

Next, Report definitions enable calculations for drag, lift, shear stress,
and so on.

B8 Report Definitions bs

= = | Report Definition Properties
Report Definitions [0/3] ][5 "eP =

Name

Report Type

Field g
Surface/Zone Names :
Per Surface/Zone
Average Over

Hew Edit... |Delete Compute

Create Output Parameter

Used In

| Report File Definitions... |

|Report Plot Definitions... |

Edit...

(e

Figure 111-12 Report Definitions.

[11.2.4.2. Monitors

Monitors indicate what is displayed during the simulation, such as how
the continuity, lift, drag, and other values change with each iteration, so if
we see a physical value, such as pressure or lift, not changing after any
iterations, it means it has finally converged, and no changes in monitored
values is generally what convergence is based on.
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[11.2.4.3. Convergence and monitors

Convergence and monitors, on the other hand, are highly dependent on
mesh quality and a variety of other factors.

Task Page < B Mesh
Monitors
Report Definition quantities can be monitored 3
du
Fd BB Residual Monitors X
s Options Equations
0| ¥ Print to Console Residual Monitor Check Convergence Absolute Criteria
on
| Plot continuity V| v 0.0001
Curves... HAxesi xevelacity v v 0.0001
Tterations to Flot y-velocity b v 0.0001
1000 ) energy 4 L4 0.0001
nut i v 0.001
Iterations to Store
1000 -
caisaIE=pOTIE= N
=/ @ Monitors [convergence conditions...|
[ Residual s
+) Y Report Files Show Advanced Options
+) | Report Plots
+) 3 Convergence Conditions m ipmi ica“mi |"E'Pi
1 —saTaETE=T

Numerical Approach

B Convergence Conditions

Report Stop Ignore Use

Active Conditions Definition Criterion  Tterations Before Iterations Print Delete
v led cd ~ | lo.001 0 21 - jul
v ld d ~ | |0.001 0 21 - jul
vl lem m ~ l0.001 i BIE - o
Add

Choose Condition Every Iteration

) All Conditions are Met | 1

=l [ Residuabs... |
Any Condition is Met —

B (cancer] [nen)

Figure 111-13 Simulation Monitors and Convergence Conditions

I11.2.5. Calculation

I11.2.5.1. initialization

In an iterative method,

initialization refers to the starting condition that
must be applied to all cells, in addition to the boundary conditions that
must be satisfied before it can begin solving. In fluent, we have the option
of using a hybrid initialization.

Task Page

Solution Initialization

Initialization Methods
® Hybrid Initialization
Standard Initialization

:More Settings...] [Initialize]

Patch...

Reset DPM Sources  Reset LWF | Reset Statistics

Figure 111-14 Solution Initialization

We are brought to the Run Calculation button after entering the number

of iterations and choosing the flow type, that is transonic flow in our case.

Page | 92

o



Chapter 3 Numerical Approach

< TaskPage <

Run Calculation |§\

Check Case... | |Update Dynamic Mesh

Parame ters
Number of Tterations Elows Type
1000 < [transenic ~1 Use FMG Initialization
Profile Update Interval

1

Solution Processing
Statistics

Data Sampling for Steady Statistics
Data File Quantities.

Solution Advancement

Calculate

Figure 111-15 Run Calculation

After that, the computer proceeds to solve until Convergence
which occurs when no changes are observed after each iteration.

Divergence requires troubleshootingand can be caused
different reasons, including:

Poor mesh quality,

Numerical issues,

Fluid model instability and many more, depending on the situation.

» Types of errors we face:

is reached,

by many

e Numerical errors: Whether local or global, solving equations on a
machine also introduces numerical errors, which occur when
iterative methods are imperfect at approximating values of the
governing equations, and a very common problem we get, is the

floating-point error which is hard to be fixed due to

divergence,

some other errors are due to settings like coupled/simple flow,

parallel processing, relaxation factors, etc.

e Modeling errors: Due to the general nature of the governing
equations and turbulent models, they provide a good approximation
of reality but do not entirely represent reality and analytical
solutions, and therefore do not perfectly describe the turbulent flow.

e Meshing errors: discretizing a fluid system into smaller cells, the

mesh quality might cause errors.
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Table 4.Solver parameters used in this study

Type Of Simulation 2D et 3D, Steady

Solver Double precision, Density -based
Formulation Implicit

Turbulence Models k—e¢ k—w, SA

Flow type scheme (differentiation Roe-FDS (flux difference splitting)
scheme)

Flux Upwind 2™ order

Turbulent kinetic energy Upwind 2™¢ order

Turbulente Dissipation Ratio (for k- | Upwind 2™¢ order

£)

Boundary Conditions

Far-field Pressure far-Field

Airfoil wall

[11.3 Conclusion

Computational Fluid Dynamics (CFD) is a very powerful tool for
predicting fluid flow, heat transfer rates, pressure drops, chemical
reactions, fluid dynamic forces such as lift, drag, pitching moments, and
related phenomena by solving the mathematical equations that govern
these processes and simulating under real conditions fluid flow around or
through any object in detail. It can be used in different industries for
different analytical capabilities. Such as aerospace, automotive, chemical,
power generation, manufacturing, chemical engineering, product design
and optimization, oil and gas industry, turbomachinery, etc.

The accuracy of modern CFD methods significantly increases the
design knowledge available to engineers throughout the design process,
and further integration into the mechanical design process for
aerodynamic surfaces means fewer physical prototypes are built during

product development, reducing costs and prototype testing.

Page | 94



Chapter 3 Numerical Approach

CASE
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— OUTLINE

This chapter presents studies in the transonic regime, first addressing the
influence of fluid domain, mesh, and numerical parameters, as well as turbulence
modeling, to determine configuration requirements and mesh generation strategy
for airfoils with and without control surfaces such as spoilers and ailerons, as well
as wing configurations with and without aileron. As a result, a comparative
evaluation with an experimental database available, a number of sample solutions,
and the effects are discussed with regard to the varied spoiler and aileron
deflections and incidences angles compared with measurements.

For 2D simulation, the choice fell on experimental studies for the supercritical
airfoils OAT15A and RAE2822, as well as conventional airfoil NACA0012, and for
3D simulation, we have ONERA M6 Wing, Wing of OA15A Airfoil with aileron, and
Wing of NACAO0012 airfoil with and without aileron at different deflection angles..
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IV.1 Computer system characteristics and presentation of Ansys

workbench

The results of simulations depend on the capacity of the machine. In this
Master project, the calculations are performed by Spirit of Gamer Deathmatch 5

which has the following properties summarized in the table below:

Table 5.Characteristics of the used computer system

Intel ® 19-10900kf
Processor 20 cores (3.75 GHz)
RAM 32 GO
Graphic processor Nvidia Quadro
Hard Disc HDD 2T0O
SSD 500 GO

IV.1.1. Ansys 2021 R2

This software tool provides an unlimited modeling possibilities with increased
meshing efficiency and quality and also the power to explore early stage product
design and complex system engineering from the nanometer scale of chip design
to the mission level of aerospace and defense operating environments. The figure
below represent the Ansys 2021 R2 workbench.

[ 3D NACADD12 With aileron O - Workbench - x
Fichier  Afficher Outls Unités Extensons Taches  Aide

:
2 B ceometry
H 3 @ Mesh
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5 | @ Results v . 6 @ Resuits

3D NACA0012 Withaileron 0 validation pdf 3D NACAD012 With aileron 0 oat15asetup

SISISS]S
[

\nsys

2O021R2

ngineering What's Ahead.

asquer 1messages

Ansvs MultihvsicsCounlina.GUI.Addin charaéle)

Figure V-1 ANSYS 2021 R2 Workbench used for the study simulations
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IV.2 Convergence criterion for the solutions

For the density-based solver, a residual is simply the time rate of change of
the conserved variable (pressure, velocity, energy, kinetic energy k, and
dissipation rate €) of the problem between the current iteration and the previous
iteration for each calculation step, which means that the residual measures the
local imbalance of a conserved variable in each control volume. As a result, for
each of the equations being solved, every mesh cell in the model will have its own
residual value and in the iterative numerical solution will never be exactly zero. We

set their minimum value to 10° and display them to monitor the solution's progress.

For the chosen cases, the minimum number of iterations was set to 1200,
and in certain cases, it reached 3000, to observe that the solution has converged
and that the simulations were automatically forwarded to the last step of the
iteration when the residuals are stabilized. It is also important to note that taking
the relaxation factor into consideration is required since the under and over-
relaxation factors influence the stability and convergence rate of the iterative

process.

The under relaxation factor increases the stability while over relaxation
increases the rate of convergence. Additionally, the lift and drag coefficients were

checked to examine the converged solution. The results are shown in Figure 1V-2.

0 100 200 300 400 500 600 700 800 900
Iterations

Figure 1V-2 Fluent residuals graph to check convergence
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IV.3 Numerical simulation on airfoils without control surface

The initial simulations have mostly been validations of cases without control
surfaces to determine the optimum calculation strategy to use before proceeding
on to cases of numerical modeling of control surfaces that determine the effect of
these surfaces, and various factors had to be provided first such as the choice of a
meshing methodology to conduct different deflections efficiently, the sensitivity of

turbulence models, and also of the fluid domain.

IV.3.1. Fluid Domain Sensitivity

In order to ensure that the results are independent of the Fluid Domain
Geometry, the pressure coefficient distribution of three configurations is compared
to the values obtained by RAE. This case was carried out to demonstrate the use
of WIND and associated programs for simulating two-dimensional turbulent,
transonic flows over the RAE2822 airfoil. Additionally, the experimental data

consists of surface pressure (Cp) measurements, as published in Ref [56].

This study assumes freestream flow conditions, as shown in the table below.
Based on a chord length of 0.3048 m, these conditions correspond to a Reynolds
number of 6.5 million. The static pressure was calculated using the given

Reynolds number and Mach number, as well as an assumed static temperature.

Table 6.The free-stream conditions for the three cases of RAE2822

| First Case |
R. 6.5 10°
M 0.729
AOA 2.31°
T (K) 255.55
P (Pa) | 108987.8

Data from a wind tunnel experiment are available for comparison with CFD
FLUENT results using k-w SST models with varying fluid domain configurations.
The following table represents the fluid domain details used for the study around a
RAE2822 airfoil.
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Table 7.Details of the fluid domin used for the study around a RAE2822 airfoil.

_ _ N° Orthogonal
Dimensions | Nodes Quality
15t 5¢ x 10c 111345 | 110400 | 0,95705905622887
Geometry
2™ Geometry 10c X 20c 199160 | 198000 | 0,943291570839951
374 Geometry 20c x 30 279168 | 277920 | 0,95947878870643

15

1,0

0,5

-Cp

0,0

-0,5

-1,0

-1,5
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EXP Upper
Geoml
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Geom3

A4 D> o

T .
0,0 0,2

0,4

x/c

0,6 0,8 1,0

Figure 1V-3 Pressure Coefficient Distribution over RAE2822 airfoil with
different fluid domains for Case 1 in comparison with experimental
measurements

The experimental data. The computational results for geometry 2 closely

match the experimental data, with a slight improvement in the capture of the shock

wave on the upper surface than the other geometries.
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IV.3.2. Mesh Independence

To invest in the performance of a mathematical model for specific fluid flow
studies, the mesh independence must reassure us that the findings produced are
not impacted by the gradual increase of the mesh. If the computed results differ
from the experiment, we cannot tell if this is due to an inaccurate physical model or
an insufficient mesh resolution. As a result, many meshes were tested for the
chosen setup, as indicated in the table.

We monitor one of the flow parameters that we are most concerned about
after each simulation (in our case, this will be the pressure and aerodynamic
coefficients ). Therefore, for each mesh, we plot the evolution or variation curves
of the selected parameter and observe if it continues to change. If so, we refine
our mesh further, otherwise, we conclude that the solution has become
independent of grid refinement.

Three cases of NACA0012 airfoil have been simulated for mesh
independence testing and will be shown briefly in the following paragraphs.
IvV.3.2.1. NACAO0012 Airfoil

After multiple testing, In order to ensure that the results are independent of
the mesh, we were able to determine the refinement criterion of the grids at which
the computed solution becomes independent. The mesh utilized is a structured
mesh that is compatible with the modeling software (Ansys, Fluent,...). The
combination of a structured mesh with a multi-block geometry provides the
following advantages: fewer mesh divisions as compared to an equivalent
unstructured mesh and the numerical errors are reduced as the mesh is aligned

with the flow.
The three NACA 0012 test cases are as follows:

v’ Case one [102]: The flow is attached and slightly supersonic near the
leading edge of the airfoil in this case. This is a relatively benign situation in
which the flow is only slightly transonic.

v' Case two [102]: In this case, the flow contains a supersonic bubble on the
leading edge of the top surface of the airfoil. Furthermore, the flow is slightly
separated at the shock's bottom. Case 2 is a more challenging situation
than Case 1.

v' Case three [102]: A shock wave exists on the upper surface of the airfoil in
this flow field at approximately x/c = 0.5, which is strong enough to produce

considerable boundary layer separation. The difficulty in predicting the right
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shock position and separation bubble led to the selection of this test case.

The proper prediction of the shock location has been demonstrated to be

substantially dependent on the turbulence model used.

Table 8.The free-stream conditions for the three cases of NACA0012
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First Case | SecondcCase | Third Case |
R. 9 10° R. 910° R. 910°
M 0.7 M 0.55 M 0.799
AOA 1.49° AOA 8.34° AOA 2.26°
T (K) 300 T (K) 300 T (K) 300
P (Pa) 58560 P (Pa) | 74525 P (Pa) | 51300
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Figure 1VV-4 Mesh convergence analysis around the wing profile NACAQ0012 for Pressure
Coefficient Distribution comparison with experimental mesurments [102] using K-w SST

For A) Casel B) Case2 C) Case3
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The pressure coefficient distribution of three configurations is
compared with those of experimental results under the freestream

conditions summarized in the table abonve.

The impact of the geometry mesh on the simulation results can be

seen in Figure N, which shows the experimental pressure coefficient

distribution along with the numerical pressure coefficient of the three
different mesh configurations.

A more significant indicator of solution convergence is to examine
the convergence of the engineering quantity to be obtained from the

analysis. Here it is the lift and drag coefficients on the airfoil of the three

cases:
Table 9.The effect of mesh refinement on lift and drag coefficients
Case Coefficient Mesh 1 Mesh 2 Mesh 3

c 0.20002635 0.22536874 0.2298221

11102] cp 0.022801925 0.009563627  0.009082803
c 0.80492389 0.88567511 0.88330025

2[102] cp 0.059151689 0.035470221  0.035666904
cL 0.27541646 0.29825205 0.29800941

3[102] cp 0.051485947 0.034442067  0.034332912

For a viscous computation, it is useful to examine how well the
boundary layers were resolved. One measure of this is the y+ values at
the grid points in the boundary layers. The figure below contains
information on the y+ values throughout the grid to examine the boundary

layer at a certain location.
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Figure IV-5 Wall Y Plus values in function of poistion (x/c)

IV.3.3. Turbulence Models Independence:

The RANS turbulence models differ in how they describe flow near
walls, the number of additional variables solved for, and the significance of
these variables. All of these models augment the Navier-Stokes
equations with an additional turbulence eddy viscosity term. The role of
turbulence model selection on shock wave predictions was investigated
based on a well-defined fluid domain using three turbulence models, The
Spalart Allmaras, k-epsilon, and k-w SST, to evaluate the influence of

modeling techniques on simulation accuracy. Starting with:

IV.3.3.1. OAT15A Airfoil:
The tests were performed in the Onera S3CH transonic wind tunnel

[50]. The relative thickness of the OAT15A wing profile is 12.3 percent,
and the chord length is 0.23 m. The test run was done at a Reynolds
number of 3 million for upstream Mach numbers (M) of 0.73 and 0.75, and
angles of attack (AOA) of 1.5 and 3 degrees. Throughout the analysis, the
total temperature and pressure remain constant at 300 K and 100000 Pa,
respectively. The conditions in the three cases are given in the table

below.
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Table 10.The conditions for the three cases of OAT15A airfoil

First Case | Secondcase | Third Case
R. 310° R. 310° R. 310°
M 0.73 M 0.73 M 0.75

AOA 1.50° AOA 3° AOA 3°
T (K) 300 T (K) 300 T (K) 300
P (Pa) 105 P (Pa) 10° P (Pa) 10°

Table 11.The lift and drag coefficients on the OAT15A airfoil of the three cases
computed with different turbulence models.

Case Coefficient SA K—¢ K —wSST
L 0.66096391 0.80238946 0.59874732
1 [50] c 0.023029656 0.02756204  0.032579006
D
(of} 0.91791901 0.84828335 0.87397126
2 [50] c 0.016189541 0.017079077 0.012414461
D
cy 0.87534352 1.1509871 0.77470448
3 [50] c 0.027744219 0.09606263 0.055761978
D
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The lift and drag coefficients on the OAT15A airfoil of the three
cases computed with different turbulence models are shown in the previous table
and The pressure distribution that characterize the behavior of this airfoil are

shown in this figure.

-1,5

EXP Lower ‘ ‘
Exp Upper -1,5
SA

EXP Lower|
EXP Upper
SA
K-e
k-w SST

10 K-e

K-w SST

¢4 pron

-0,5

Q.
& 0.0+

0,5+

1,04

15

T
0,0 0,2 0,4 0,6 0,8 1,0

0,0 0,2 0,4 0,6 08 1,0
x/c

xlc

® Exp Lower
® Exp Uppe
A SA

v K-e

K-w SST

-1,5 ‘

-1,0

-0,5

© 0,0+

0,5

1,0

1,5 T
0,0 0,2 0,4 0,6 0,8 1,0

Figure 1VV-6 Pressure Coefficient Distribution Over OAT15A using Different Turbulence
Models in comparison with experimental measurements [50] For A) Casel B ) Case 2
C) Case 3
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IV.3.3.2. RAE2822 Airfoil

Two additional validation cases, reported in references [104] and
[105] of the second and third case, respectively, investigate transonic flow
over the RAE 2822 airfoil. And for the first case has already been
discussed in detail previously in this chapter. The results are compared to

the experimental data given in [56], [104], [105].

All the cases assume freestream flow conditions that are already
summarized in the table for a chord length of 0.3048 m. The static
pressure was computed based on the specified Reynolds number, Mach

number, and an assumed value of the static temperature of each case.

Table 12.The free-stream conditions for the three cases of RAE2822

| First Case | Second Case | Third Case |
R. 6.5 10° R. 7 10° R. 6.2 10°
M 0.729 M 073 M 0.75
AOA 2.31° AOA 2.7° AOA 2.81°
T (K) 25555 | T(K) | 25555 | T (k) | 25555
P (Pa) | 108987.8 | P (Pa) | 1170656 | P (Pa) | 1009217

The table below provides the aerodynamic coefficients of the numerical

findings and the available experimental data.

Table 13.The aerodynamic coefficients of the numerical findings and the available
experimental data

Case Coefficient Exp SA K—c¢ K —wSST
(of3 0.68656391 0.65622525 0.65521136
1 56] Cp \ 0.016515475 0.017899552 0.01295984
(o83 0.7894 0.80956958 0.79545672 0.80973019
2 [104] cp 0.01928 0.019459863 0.018324094 0.01596989
cr 0.8163032 0.79882771  0.7950928
31109] cp \ 0.030816481 0.029137578 0.02631775
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Figure 1V-7 Pressure Coefficient Distribution Over RAE2822 using Different Turbulence
Models in comparison with experimental results For A) Casel [56] B) Case2 [104] C)
Case3 [105].
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IV.3.3.3. NACAO0O012 Airfoil
The NACA 0012 test cases used for validation are based on Harris's

experimental work [102]. The data consists mostly of surface pressure
observations. These simulations have been widely used to verify a broad range of
flow solvers, including Navier-Stokes codes. Attached and separated transonic
flows are included in the three test situations. As a result, these cases are suitable
for detecting turbulence modeling and numerical errors related with transonic flow

fields.

Detailed information regarding the upstream conditions has already been

supplied in this chapter and collected in Table 1V.10

The figures in this section compare the simulated surface pressure
coefficients to experimental data for three separate cases based on three different
airfoils, adopting a well-defined fluid domain for the simulation using various

turbulence models.

The negative of the pressure coefficient is frequently presented in plots of
pressure coefficients for the airfoil to indicate that the lower pressure region is on

top and the high-pressure region is on the bottom surface.

The aerodynamic characteristics (C;, C;) of the numerical results are

compared to those of the experimental data in the table below.

Table 14.The aerodynamic coefficients of the numerical findings for the chosen
cases [102]

Case Coefficient SA K—¢ K —wSST
cL 0.20507282  0.19807173 0.20002635

1 Cp 0.026794841 0.02872172 0.02280192
cL 0.83883901  0.79549284 0.80492389

2 Cp 0.065359363 0.06626593 0.05915168
cL 0.29007641  0.27541646 0.24538453

3 Cp 0.05075917 0.05148594 0.04504484
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Figure 1V-8 Pressure Coefficient Distribution Over NACA0012 using Different

Turbulence Models For A) Casel B) Case2 C) Case3 in comparison with
experimental reults [102].
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IV.4 Validation of 3D simulation case

IV.4.1. ONERA M6 Wing

The Onera M6 wing is a typical CFD validation case for external flow due to
its shape combined with the complexity of transonic flow (i.e.: local supersonic
flow, shocks, and turbulent boundary layer separation). It has essentially become
a standard for CFD codes due to its use as a validation example in several CFD

publications.

IV.4.1.1. Geometry and case specification
Bernard Monnerie and his colleagues constructed the ONERA M6 wing in

1972 as part of the AGARD collaboration to serve as experimental support for
three-dimensional flow research at the transonic speed at high Reynolds numbers
and for the validation of numerical modeling of flows. It was tested in a wind tunnel
at various angles of attack up to 6 degrees and transonic Mach values (0.7, 0.84,
0.88, 0.92). Based on the mean aerodynamic chord, the Reynolds values were
around 12 million. Schmitt and Charpin detailed the wind tunnel testing in the 1979
AGARD Report AR-138 [56]. The ONERA M6 is a half-span wing. The wing is
swept and consists of a symmetrical profile. It has no twist, as seen by the wing

dimensions in Figure 1V.8:
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Sweep angle = 26.7° !
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Figure 1V-9 Geometric layout of the ONERA M6 wing [106]
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Table 15.0NERA M6 wing geometry.

Span, b 1.1963 m
Mean Aerodynamic Chord, ¢ | 0.64607 m
Aspect Ratio 3.8
Taper Ratio 0.562
Leading-edge Sweep 30.0°
Trailing-edge Sweep 15.8°
Twist NO

this validation case are shown

Table 16.The free-stream conditions for ONERA M6 Wing

R. | 11.7210°
M 0.839
AOA 3.06°
T K 272
P (Pa) | 104470

IV.4.1.2. Mesh Independence
For the simulations using ANSYS MESHING, an unstructured mesh was

generated that was composed of small tetrahedral grids near the region of interest,

which was the wing, and larger sizes further away. A mesh independence study

was tested and compared to the experimental findings (presented on the next

page), these mesh divisions produced precision while allowing complicated

gradients around the wing to be resolved. The final step in the meshing process is

to determine the model's boundary conditions provided in the Table IV-13

Table 17.Mesh metrics for the first and second grid around ONERA M6 wing

15t Mesh 2"d Mesh
N° Nodes 1839830 553883
N° Elements 5345165 2043380
min 0,74792 min 0,72391
Orthogonal Quality 7oy 0,99849 moy 0,96835
max 0,23277 max 0,18782
Skewness moy 0,0015123 moy 0,010433
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Mesh metrics are generally used to assess mesh structure situations on
various bases, as | explained in Chapter 3 about mesh performance measures.
One of these mesh indicators for assessing the grid's structure set is “Orthogonal

Quality”

Orthogonal Quality mesh metrics spectrum

Unacceptable Bad Acceptable Good Very good Excellent
0-0.001 0.001-0.14 0.15-0.20 0.20-0.69 0.70-0.95 0.95-1.00

Figure 1V-10 Fluent Orthogonal Quality mesh metrics spectrum
[107].

The important thing to remember about 'Orthogonal Quality' is that O is the
worst and 1 is the best as shown in the figure above. It is also commonly used to

evaluate the mesh shape quality including the skewness of mesh structures.

Skewness mesh metrics spectrum

Excellent Very good Good Acceptable Bad Unacceptable
0-0.25 0.25-0.50 0.50-0.80 0.80-0%4 0.95-0.97 0.98-1.00

Figure 1V-11 Fluent Skewness mesh metrics spectrum [107].

The figures in the next two pages illustrates the numerical findings in
comparison with the experimental results, In order to examine the mesh sensitivity
as well as the turbulence models. The choice fell on the ONERA M6 Wing to
compute at 6 sections the surface pressure distributions.
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Figure 1V-12 Pressure Coefficient Distribution over Onera M6 Wing at 6 sections

compared to experimental [106] for mesh independence study using the Spalart-allmaras

turbulence model
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IV.4.1.3. Turbulence Models Sensitivity:
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Figure 1V-13 Pressure Coefficient Distribution over Onera M6 Wing sections using
different turbulence models in comparison with experimental results [106].
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IV.5 Numerical simulation on OAT15A Airfoil with Spoiler at 30°

Fillola (2006) [76] investigates experiments performed in the T2 tunnel of
ONERA Toulouse on a supercritical airfoil OAT15A with spoilers deflected. It
analyzes results at Mach = 0.73, AOA = 1.5°, and §,, = 30°, focusing on the
recirculation zone behind the spoiler. The pressure curves seen behind the spoiler
indicate a pressure plateau in this region. In this section, the independence of
turbulence models is investigated and compared to the results published in

reference [76] as shown in Figure 1V-14

0,0 0,2 0,4 0,6 0,8 1,0
x/c

Figure 1V-15 Pressure Coefficient Distribution over OAT15A Airfoil with the spoiler at
an angle of deflection 30° using different turbulence models in comparison with
experimental results of Fillola (2006) [76].

The following table provides the computed aerodynamic properties ( lift and

drag coefficients).

Table 18.The lift and drag coefficients on the OAT15A airfoil attached to Spoiler at
30° computed with different turbulence models to compare with the experimental

[76].
Coefficient Exp SA K—c¢ K —wSST
cL -0.294 -0.2827240 -0.27214961 -0.30177806
cp 0.981 0.95852949  0.95538103  0.97344124
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V.6 Comparative Numerical Studies

The process has been done by taking steady-state around the airfoils using
the same chord length at the same upstream flow conditions. The main aim is to
understand the aerodynamic characteristics of the airfoils and wings with and
without control surface to reach a conclusion on which performs better under the
same conditions. Modeling and numerical analysis have been carried out and the

numerical results illustrated in the figures are compatible with those of the theory.

IV.6.1. NACAO0012 Airfoil & OAT15A Airfoil without control surface:

A comparison between NACA 0012 and OAT15A airfoils has been made, by
comparing the pressure coefficient distribution and pressure contour at Mach =
0.73, x= 1.5, and R, = 3.5 x 10° using 0.15m chord length, the results are given
in Figure 1V-6 and Figure 1V-16 respectively.

= NACAO0012

-1,0 ® OAT15A

-0,5
S o0 —
05
1,0
— : : : :
0,0 0.2 04 06 08 1,0
xl/c

Figure 1V-17 Pressure Coefficient Distribution Over NACAO0012 in comparison with that
of OAT15A at M= 0.73, AOA= 1.5, and R, = 3.5 x 10°.
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OAT15A

NACAO001

Figure 1V-18 Pressure Contour Over NACAO0012 airfoil in comparison with
that of OAT15A airfoil without control surface at M= 0.73, AOA= 1.5, and
R, = 3.5 x 10°.

From these results, compared to the NACA0012 airfoil, the supercritical airfoll
OAT15A creates more of its lift due to its more even pressure distribution over the
upper surface. In addition to improved transonic performance, the supercritical
airfoil enlarged leading edge gives it excellent high-lift characteristics.

Supercritical OAT15A airfoil has a flat-on-top look. As air moves across the
top, it does not speed up nearly as much as over the NACA 0012 curved upper of
the airfoil. This delays the onset of the shock wave and also reduces aerodynamic
drag associated with boundary layer separation.
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IV.6.2. NACAO0012 airfoil without control surface at an angle of attack
0°& 1.5°

In order to capture the supersonic pocket over the NACAO0012 airfoil without
a control surface in a transonic regime, Pressure contours were plotted over that
airfoil at AOA of 0° and 1.5°as shown in Figure 1V-19

Figure 1VV-20 Pressure Contour Over NACAQ012 without control surface at AOA of 0°
and 1.5° under freestream conditions of M= 0.73 and R, = 3.5 x 10°.

The pressure contour over the airfoil with the angle of attack O degree shows
clearly a perfect symmetry of the physical phenomenon. It is noted for this case,
that the depression is located in the vicinity of the maximum thickness of the
profile and this on both the lower and the upper surface, the influence of the angle
of incidence is also marked on the Figure as the variation of this angle induces an
asymmetry of the flow which is accentuated with the increase in the angle of
incidence. This increase also affects the position and the thickness of the shock

wave.

IV.6.3. NACAOQ0O012 airfoil without control surface & NACAQ0012 Airfoil with
Aileron at §4 = 0°

Prior to starting the comparative analysis, a computed pressure coefficient
distribution was validated with the experimental data of the NACAQ0012 airfoil with
aileron as published in reference [108] at a Mach number of 0.75 and angle of
attack AOA=5 and angle of deflection &, = 0°. The figure in the next page

represents both the calculated and experimental pressure coefficient distributions
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Figure 1V-21 Pressure Coefficient Distribution Over NACAOQ0012 with aileron in
comparison with experimental results [108] at M= 0.75, AOA=5, and §,=0°

Figure 1V-22 A) Pressure Contour B) Mach Number Contour over NACAQ0012 Airfoil

with aileron at 6,= 0°, Mach =0.75, x=5.
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After this result, the following figure compares the distribution of the pressure
coefficient of NACAO0012 airfoil without control surface to NACA0012 Airfoil with
Aileron at §, = 0°, M=0.73, AOA= 1.5, and R, = 3.5 x 10°.

= Without Aileron

-1,0 e With Aileron

-0,5

0,0

Cp

0,5

1,0

1,5 - - - - - - - -
-0,2 0,0 0,2 0,4 0,6 0,8 1,0 1,2 1,4

x/c

Figure 1VV-23 Pressure Coefficient Distribution Over NACAO0012 without aileron
compared to that of NACA0012 with aileron at §,=0°, M=0.73, AOA=15

The figures below illustrate the pressure contours over NACA0012 without
aileron and NACAO0012 with aileron at 6, = 0°, M= 0.73, AOA= 1.5 and R, =
3.5 x 10°.

Figure 1V-23 Pressure Contour Over NACA0012 without aileron at M= 0.73, AOA=
1.5,and R, = 3.5 x 10°.
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Figure 1V-24 Pressure Contour Over NACA0012 with aileron at M=0.73, AOA= 1.5,
and R, = 3.5 x 10°.

IV.6.4. Aileron Deflection Effects On Airfoils

The numerical results of the pressure distributions and pressure contours
obtained on the OAT15A airfoil with aileron shows that beyond a certain deflection
angle, detachments will appear on the upper surface (64 > 0) or on the lower

surface (84 < 0), and the return of the shock wave by increasing the aileron

deflection.

Figure 1V-25 Pressure Contour Over OAT15A with aileron at : §,=-20 ,M=0.73, AOA=
1.5,and R, = 3.5 x 10°.
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Figure 1\VV-26 Pressure Contour Over OAT15A with aileron at : §,=+20 ,M=0.73, AOA=
1.5,and R, = 3.5 x 10°.
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Figure 1VV-27 Lift and Drag Coefficients variation over OAT15A airfoil with aileron in
function of angle of deflection at M=0.73, and R, = 3.5 x 10°

The figure above is the Lift and Drag coefficient variation in function of angle
of deflection and clearly represents the lift efficiency of the aileron connected to
the OAT15A airfoil at (Mach = 0.73, = 1.5°, and the angle of deflection varying
[-20,20]).
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IV.6.5. Angle Of Attack Effect On OAT15A airfoil with Aileron at different
deflection angles

To investigate the effect of angles of attack on the lift and drag coeffients at
upstream Mach number of 0.73 for aileron angle of deflection: §, = *3°, §, = 6°,
&, = 20°, the simulations were for different angles of attack as shown in the figure

below.
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Figure 1V-28 Lift and Drag Coefficients variation over OAT15A airfoil with aileron in
function of angle of Attack at M= 0.73and  §,= 3, 6§,=6°, §,= 20°
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From the graphs , it is seen that the lift coefficient increases significantly as
the angle of attack increases, however there is a limitation of increasing angle of
attack since at angles of attack greater than those that provide the highest lift, the

airfoil is seen to be stalled.
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Figure 1V-29 Drag Polar at M= 0.73, diffirent angles of attack over OAT15A airfoil with
aileron for &,= 13, §,=6°, §,=20°

The figure represents a drag curve, often known as a drag polar (also called
a "polar plot"). It is the relation between the drag coefficient (or drag force) on an
airfoil and the coefficient of lift ( or lift force) at various angles of attack at M= 0.73
for 8, = 13°, 8§, =6° and §, = 20°.

IV.6.7. Flow description over OAT15A airfoil attached to Spoiler at 5, = 30°

The interest in spoilers is due to their capacity to generate drag and
downforce. Deflecting a spoiler tends to increase the boundary layer on the upper
surface of a profile because of the surface discontinuity. The spoiler creates a
significant recirculation zone by joining its trailing edge and that of the profile. The
study is conducted at Mach = 0.73, x= 1.5, and &g, = 30°.
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The figures below illustrate the pressure and Mach number contours, as well

as the velocity vectors. Respectively.

Figure 1V-30 Pressure Contour over OAT15A Airfoil with Spoiler at §5,= 30°, Mach
=0.73, x=1.5,and R, = 3.5 x 10°.

Figure 1V-31 Mach number Contour over OAT15A Airfoil with Spoiler at §5,,= 30°,
Mach = 0.73, x=1.5,and R, = 3.5 x 10°.
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Figure 1V-32 Velocity Vectors over OAT15A Airfoil with Spoiler at 65, = 30°,

= 3.5 x 10°.

1.5, and R,

xX=

Mach = 0.73,

Page | 129



Chapter 4 RESULTS & DISCUSSION

IV.7 Aspect Ratio Impact on Three different Wings

A wing is simply an airfoil extrusion, and comprehending how lift and drag
forces are generated in a wing is essential. These simulations investigates three-
dimensional flow fields around three different wings, and the pressure coefficient
distribution along the wing surface at defined sections, are illustrated in the figures

below as well as the pressure and mach number contours.

IV.7.1. Wing of NACAO0012 airfoil

The 3D wing studied has a NACAO0012 profile and is equipped with an aileron
at a deflection angle of zero under the parameters M=0.75 and AOA=5, the results
of pressure coefficient distribution at those conditions are presented in Figure

Figure 33 and Figure 32

-1,5

-1,0

-0,5

cp

0,0

0,5

1,0

1,5 —— T T T T T T T T T
-0,02 0,00 0,02 0,04 0,06 0,08 0,10 0,122 0,14 0,16 0,18 0,20

X

Figure 1V-33 Pressure Coefficient Distribution over the Wing of NACA0012 airfoil with
aileron at 0%, 25%, and 50% of wing span using the Spalart-Almaras turbulence model at
6, = 0°, M=0.75, and AOA=5°.
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0,00 0,02 0,04 0,06 0,08 0,10 0,12 0,14 0,16 0,18
X

Figure 1VV-34 3D lllustration of Pressure Coefficient Distribution over the Wing of
NACAO0012 airfoil equipped with aileron of 0° deflection angle at 0%, 25%, and 50% of
wing span using the Spalart-Almaras turbulence model at M=0.75 and AOA=5°.

Figure 1VV-35 Pressure Contour over the Wing of NACAO0012 airfoil with aileron using the
Spalart-Almaras turbulence model at §, = 0°, M=0.75, and AOA=5°,
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In addition, the results of surface pressure coefficient distribution and the
contours of pressure and Mach number under conditions of a mach number
M=0.73, AOA=1.5, and deflection angles of ( -10,0) are also shown on the
following figures.

\

Figure 1VV-36 Mach Number Contour over the Wing of NACAQ012 airfoil with aileron at
25% and 50% of wing span using the Spalart-Almaras turbulence model at §, = 0°,
M=0.75, and AOA=5°,

Pressu
pressure
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1.767e+00

1.228e+005
1.121e+005

Figure 1VV-37 Pressure Contour over the Wing of NACAO0012 airfoil with aileron using the
Spalart-Almaras turbulence model at 6§, = 0°, M=0.73, and AOA=1.5°.
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Figure 1VV-38 Pressure Coefficient Distribution over the Wing of NACA0012 airfoil with
aileron at 0%, 25%, and 50% of wing span using the Spalart-Almaras turbulence model at
84 = 0°, M=0.73, and AOA=1.5°,
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Pressure Contour Over the Wing of NACAO0012 airfoil with aileron at 25% and 50% of
wing span using the Spalart-Almaras turbulence model at §, = 0°, M=0.73, and
AOA=1.5°
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Figure 1V-39 Mach Number Contour over the Wing of NACAQ012 airfoil with aileron at
25% and 50% of wing span using the Spalart-Almaras turbulence model at §, = 0°,
M=0.73, and AOA=1.5°.
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Figure 1VV-40 Pressure Contour Over the Wing of NACAO0012 airfoil with aileron at 25%
and 50% of wing span using the Spalart-Almaras turbulence model at §, = —10°, M=0.73,
and AOA=1.5°.
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Mach Number
mach number

1.027e+000
9.629e-001
8.987e-001
8.345-001
7.703e-001
7.0626-001 | N
6.420e-001 N
5.778e-001 ~
5.136e-001 by 7
4.494¢-001
3.852¢-001 \
3.211e-001
2.569e-001 o
1.927¢-001 ,
1.285€-001 e
6.4336-002
1.461e-004

Figure 1V-41 Mach number Contour Over the Wing of NACAO0012 airfoil with aileron at
0%, 25%, and 50% of wing span using the Spalart-Almaras turbulence model at
84 = —10°, M=0.73, and AOA=1.5°.

The aerodynamic effect of the ailerons is presented for deflection angles.
When making a comparison with the result of the baseline simulation with no

deflection, the influence of the ailerons is apparent.

Page | 135



Chapter 4 RESULTS & DISCUSSION

IV.7.2. Wing of OAT15A airfoil:

The results of surface pressure coefficient distribution and the contours of
pressure and Mach number over the wing of OAT15A airfoil under conditions of a
Mach number M=0.73, AOA=1.5, and deflection angles of 10° are shown in the

following figures.
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Figure 1V-42 2D and 3D Illustration of Pressure Coefficient Distribution over the Wing of
OAT15A airfoil equipped with aileron 10° of deflection angle at 2 sections of wing span
using the Spalart-Almaras turbulence model at M=0.73 and AOA=1.5°.
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Figure 1V-43 Pressure Contour Over the Wing of OAT15A airfoil with aileron at 2
sections of wing span using the Spalart-Almaras turbulence model at §, = 10°, M=0.73,
and AOA=1.5°.

sections of wing span using the Spalart-Almaras turbulence model at §, = 10°, M=0.73,
and AOA=1.5°
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IV.7.3. ONERA M6 Wing:

The primary objective of the following was to illustrate the pressure
distribution on the upper and lower surface at determined sections of wingspan, as
shown in Figure below. A violent shock was observed near the fixed end of the

leading edge, and this obtained shock weakens near the trailing edge of the wing.
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Figure 1VV-45 Pressure Coefficient Distribution over Onera M6 Wing at 6 sections using
the Spalart-allmaras turbulence model.
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V.8 Conclusion:

The results of numerical simulations were presented for a flow around airfoils
and wings in the transonic regime using a finite volume calculation code with a
comparative study between the computed and experimental results, of both a
conventional and supercritical profile with and without control surface, and the
impact of the angle of attack and aspect ratio on different wing configurations.
Furthermore, the flow description over an OAT15A airfoil connected to a Spoiler at
an angle of deflection of 30 deg was also investigated. The numerical results are
compatible with those of experimental measurements, this confirms the validity of
using CFD as a reliable alternative to experimental procedures and the accuracy

of the rest of the simulations.
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Conclusion

The aeronautics industry has been known as a very special field in which
advanced technologies are developed. Manufacturers now have a variety of
numerical simulation techniques available in the form of calculation codes.
However, understanding how these methods are developed is essential in order to
avoid blindly applying the calculation codes and making serious interpreting

errors.

The focus of this research was to analyze and comprehend "The Impact of
Control Surface on Transonic Flow Mechanism and Aerodynamic Performances."
As a first step toward establishing a strong bibliographic foundation for my work, |
provided a literature review of previous studies (experimental and numerical) on
the subject of movable control surface efficiency, as well as a general overview of
the physics and behavior of transonic flows around aerodynamic profiles. The
functionality and application of aircraft ailerons and spoilers, including the major
physical phenomena involved in obtaining the aerodynamic performance of two
types of airfoils ( the NACA0012 conventional airfoil and OAT15A, RAE2822
supercritical airfoils) with and without those control surfaces, whether in two or

three dimensions, have both been discussed.

To govern this type of flow, turbulence models (Spallart Almaras, K epsilon,
and K Omega SST) are used, as well as a set of equations and mathematical
modeling, specifically the Averaged-Navier stocks equations based on the
Reynolds decomposition (RANS). These equations are supplemented by the
case's initial conditions of the topic under study. This contribution was made with
the ANSYS 2021 R2 software, and the simulations were focused on the evaluation
of the steady-state for compressible flows around the aerodynamic profiles
addressed in the previous paragraph. Furthermore, the ONERA M6 Swept wing,
as well as the wings with NACA0012 and OAT15A as base profiles, are relatively
complex research cases due to the presence of shock waves that interact with the

boundary layer.

The edition of CFD Code Ansys 2021 R2 chosen was a compromise
between calculation time and precision and has an ability to adapt to complex

geometries, such as those with control surfaces, that necessitate a powerful



General Conclusion

calculating system, and also to facilitate the application of boundary conditions.
The numerical results agree with the experimental measurements, this validates
the use of CFD as a reliable alternative to experimental procedures, as well as the
accuracy of the rest simulations. The present project concentrated on comparative
research and observing the contours of Mach number and pressure of the
aerodynamic characteristics: the lift coefficient (C;) and the drag coefficient (C,) for
the above-noted configurations. And based on the results, we can conclude the

following:

»The results are highly dependent on the freestream Mach number,
pressure, temperature, and applied Reynolds number.

= The critical Mach number depends on the angle of attack as well as
the airfoil’'s geometry.

»The camber of the airfoil greatly intensifies the pressure gradient
between the upper and lower surfaces, whereas the Mach number has little
effect on this distribution.

»The Pressure and velocity Contours are found to be appropriate for
corresponding Mach inputs and angles of attack.

»The numerical results, as well as Harris's experiment [96], indicate
that the drag coefficient is not particularly sensitive to Mach variations in low
transonic regimes. The transonic flow becomes very intense as the Mach
number increases, and the drag coefficient rapidly increases.

*From the results discussed in chapter four, it can be concluded that
the numerical results of the OAT15A supercritical airfoil having aileron on
different angles of deflection show that beyond a certain deflection angle,
detachments will appear on the upper surface (84 > 0) or on the lower
surface (6, < 0) and the return of the shock wave by increasing the aileron
deflection.

*The Lift Coefficient is increasing with the increase of angle of attack
and decreases with the increase in Mach speed due to a rise in drag
coefficient in the transonic region and this is accurate with airfoil theory.

*The graphs of “Angle Of Attack Effect On OAT15A airfoil with Aileron
at different deflection angles” show that as the angle of attack increases, so

does the lift coefficient. However, increasing the angle of attack has a
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limitation in that the airfoil appears to stall at angles of attack greater than
those that provide the most lift.

»The lift, drag, and surface pressure characteristics observed for a
steady flow field around OAT15A with the spoiler at 30 degrees of
deflection angle agree with previous research. Lift is reduced while drag is
increased, demonstrating the common nature of spoilers. A spoiler, also
known as a lift dumper, is a device designed to reduce lift in an aircraft by
forming a significant recirculation zone by connecting its trailing edge to that
of the profile.

»Despite the complexity of the geometries' 3D configuration, the
Spallart Almaras model provides good accuracy of results when compared
to experiments such as capturing the violent shock near the fixed end of the
leading edge of the ONERA M6 Wing, and this resulted in shock weakening

near the trailing edge.
Recommendations for Future Studies:

The current study was exploratory in nature, and more research is needed to
develop a complete understanding of the aerodynamic features of the Flight
Control Surface. As a result, running a methodical series of tests and simulations
on one configuration of a chosen control surface at various Reynolds numbers, for
different angles of deflection at the same time at different angles of attack, and
attempting to reach the limitations for several other types of airfoils would be

extremely informative.
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APPENDIX A

»

THEORETICAL
BACKGROUND

% How do wings work?

Aircraft wings are designed to move
air faster over the top of the wing. The
cross-sectional shape obtained by the
intersection of the wing with the
perpendicular plane is called an airfoil
[91].

FIGURE A.1l. Wing geometry definitions [92].

The pressure of the air decreases as it goes faster, as a result, the
pressure on the top of the wing is less than the pressure on the bottom.

Underpressure (uplift)

Upper side

Air flow P I = N
Angle of at;a?@\:; =
P ~

- . oction
airec
Move

Stagnation point Lower side

Overpressure

Figure A.2. Aerodynamic forces and Pressure distribution around wing
profile [93].

An aerodynamic force is created by the pressure and shear stress
distributions over the wing surface. This resultant aerodynamic force can
be resolved into two forces, parallel and perpendicular to the relative wind.
The direction of free stream velocity is defined as the relative wind. The
two forces are known as lift and drag. Drag is always defined as the
component of the aerodynamic force that is perpendicular to the relative
wind. The component of the aerodynamic force perpendicular to the
relative wind is defined as lift.



s 2D Profiles:

= Chord: the distance from the leading edge to the trailing edge.

» Thickness: is the distance between the upper surface and the
lower surface.

= Mean chord: is the curve equal distance from the upper
surface to the lower surface.

s 3D Wing: The plane shape and aerodynamic profile of
the wing are fundamental geometry properties. The plan shape
of aircraft wings can be classified as rectangular, elliptical,
swept, triangular (or delta).

‘l l ll Rectangular
straight wing
@ Rounded or elliptical
straight wing
y Thickness  Mean or camber line
Trailing edge @ SRy SpL e

Moderutely swept wing

Sunple delta wing

; Complex delta wing

Figure A.3. Wing shapes [94], [95]

A. Features of NACA airfoils:

The NACA profiles are aerodynamic forms developed by the National
Advisory for Aeronautics (USA), this organization has studied different
families of profiles for various applications (aircraft, axial machines, wind
turbines...). Among these families, we can distinguish profiles of four-digit,
five-digit, six-digit and laminar profiles.



1. Laminar Profiles:

In order to minimize the friction drag, NACA has also explored a variety of
profiles to maintain a laminar boundary layer across a substantial section
of its chord. The lack of peak depression and over speed decreases the
appearance of supersonic speeds (critical Mach) in this ideal range, but
beyond the critical Mach, the shock is highly strong. NACA has
designated them by a significant number of digits.

» The first digit represents the designation of the series of laminar
profiles.

» The second represents the position of the minimum pressure.

» The index is the limit above and below the lift coefficient.

» The fourth represents the characteristic lift coefficient.

» The last two represent the maximum relative thickness.

2. NACA 4-digit series:

The magnitude of maximum camber as the percentage of chord
length.

= The second indicates the position of this camber as a percentage of
the chord.

» The last two digits represent the maximum relative thickness, as a
percentage of the chord.

3. NACA 5 digits series:

The first digit defines the camber and when multiplied by 3/2, puts in
the design lift coefficient (C;) in tenths.

The next two digits, when divided by 2, give the position of the
maximum camber in tenths of the chord.

The final two digits again indicate the maximum thickness (t) in the percentage
of the chord.

4. NACA 6 digits series:

» The first digit denotes laminar profiles.

» The second digit indicates the position of the minimum pressure.

= The third digit indicates the maximum lift coefficient that can be
reached under conditions of a desired pressure gradient (C;).

= The fourth digit indicates the lift coefficient for a flow at an angle of
incidence o = 0°.



B. Features of supercritical airfoils :

Engineers thought of developing an
aerofoil, which can increase the critical
Mach number so that the formation of &—— e Y
shockwaves can be delayed without
loss in lift and increase in drag.

Figure A.4. Typical supercritical airfoil sketch [96].

They increased the thickness of the leading edge and made the upper
surface flat so that there is no formation of the strong shockwave, and
curved trailing edge lower surface which increases the pressure at the
lower surface and account’s for lift [97].

1. Trailing edge thickness:

The design philosophy of the supercritical aerofoil required that the
trailing-edge slopes of the wupper and lower surfaces be equal. This
requirement served to retard flow separation by reducing the pressure
recovery gradient on the upper surface so that the pressure coefficients
recovered to only slightly positive values at the trailing edge. Increasing
the trailing-edge thickness of an interim 11-percent-thick supercritical
aerofoil from 0 to 1.0 percent of the chord resulted in a significant
decrease in wave drag at transonic Mach numbers [98].

2. Maximum thickness:

For the thinner aerofoil, the onset of trailing-edge separation began at an
approximately 0.1 higher normal-force coefficient at the higher test Mach
numbers, and drag divergence Mach number at a normal-force coefficient
of 0.7 was 0.01 higher [98].

3. Aft upper surface curvature:

The rear upper surface of the supercritical aerofoil is shaped to accelerate
the flow following the shock wave in order to produce a near-sonic plateau
at design conditions [99].



% The aerodynamic forces:

1. Lift: To overcome the weight force, airplanes generate an opposing
force called lift. The magnitude of the coefficient depends on the shape
of the body and its angle of attack [100]. Now, Lift force: L=
~pSV2Cy

= L is the lift force,
= pis air density,
= V is the velocity of air,
= S is planform area,
= (C; is the lift coefficient.
a. Lift coefficient: €, depends on the shape of the profile, surface
condition, angle of attack, and freestream speed.

2. Drag: As the airplane moves through the air, there is another
aerodynamic force present. The air resists the motion of the aircraft
and the resistance force is called drag [101]. Drag force: D=
~pSV2C,

= D is the lift force

= pis air density

= V is the velocity of air

= Sis planform area

= (g, is the drag coefficient

b. Drag coefficient: €4 is a unit less number, which indicates a
body's ability to generate fluid resistance and also depends on the
shape of the profile, surface condition, angle of attack and,
freestream speed.

c. Pressure coefficient: Cp The pressure is non-dimensional thanks

to the following formula [102]: Cp = P—Pres

1
PVrer
The reference pressure chosen in practice is often the upstream static

pressure, and the reference speed chosen is that of the beyond boundary
layer flow.

The center of pressure is the point at which the resulting aerodynamic
forces are applied, and it moves according to the incidence. For common
angles of incidence, the center is often positioned on the profile chord
between 30% and 50% of the front half of the profile and is determined by

this formula [102]: xT’”:O,Z _Lm



APPENDIX B

\4

%+ Airfoil Data:

There are three airfoils chosen for this analysis, two Supercritical
airfoils which are OAT15A and RAE2822 and the third is NACA 0012 that
is a conventional airfoil. In this APPENDIX, their specification (Cordinates)
are shown. In addition, those airfoils are also attached to a certain control
surface.

The profile drawings of NACA0012 and RAE2822 given here have
been taken directly from "nasa airfoil generator’. OAT15A airfoil's

cordinate has been taken from [103]. The Main with Aileron
Cordinates are shown in APPENDIX C.

A. OAT15A Airfoil Cordinates:
Table 19.0AT15A Airfoil Cordinates.

#  x Y # x Y #  x Y | #  x Y X Y

1 1.5000e-01 -3.7450e- 31 1.09183e-01 -1.0264e- 61 5.42011e- -8.2622e- 91 1.929820e- -6.9753e- 121 4.4145e- -3.4259%e-
04 03 02 03 02 03 03 03

2 1.495823e- -3.2670e- 32 1.072254e-01 -1.314%e- 62 5.2659e-02 -8.3428e- 92 1.852380e- -6.8587e- 122 4.1563e- -3.3229e-
01 04 03 03 02 03 03 03

3 1.492485e- -2.8930e- 33 1.052626e-01 -1.6136e- 63 5.11423e- -8.4110e- 93 1.777190e- -6.7407e- 123 3.9091e- -3.2219e-
01 04 03 02 03 02 03 03 03

4 1.488110e- -2.4140e- 34 1.032969e-01 -1.9200e- 64 4.96513e- -8.4672e- 94 1.704220e- -6.6216e- 124 3.6725e- -3.1226e-
01 04 03 02 03 02 03 03 03

5 1.482651e- -1.8330e- 35 1.013301e-01 -2.2317e- 65 4.81862e- -8.5117e- 95 1.633440e- -6.5015e- 125 3.4462e- -3.0252e-
01 04 03 02 03 02 03 03 03

6 1.476113e- -1.1610e- 36 9.936390e-02 -2.5466e- 66 4.67473e- -8.5449e- 96 1.564800e- -6.3807e- 126 3.2298e- -2.9295e-
01 04 03 02 03 02 03 03 03

7 1.468538e- -4.1400e- 37 9.740010e-02 -2.8630e- 67 4.53348e- -8.5673e- 97 1.498290e- -6.2592e- 127 3.0229e- -2.8355e-
01 05 03 02 03 02 03 03 03

8 1.459973e- 3.9400e- 38 9.544020e-02 -3.1792e- 68 4.39487e- -8.5793e- 98 1.433850e- -6.1373e- 128 2.8252e- -2.7430e-
01 05 03 02 03 02 03 03 03

9 1.450466e- 1.2440e- 39 9.348570e-02 -3.4937e- 69 4.25893e- -8.5814e- 99 1.371470e- -6.0149e- 129 2.6363e- -2.6520e-
01 04 03 02 03 02 03 03 03

10 1.440066e- 2.1200e- 40 9.153830e-02 -3.8052e- 70 4.12565e- -8.5740e- 100 1.311090e- -5.8923e- 130 2.4558e- -2.5623e-
01 04 03 02 03 02 03 03 03

11 1.428819e- 3.0030e- 41 8.959920e-02 -4.1124e- 71 3.99504e- -8.5578e- 101 1.252690e- -5.7696e- 131 2.2834e- -2.4739%e-
01 04 03 02 03 02 03 03 03

12 1.416772e- 3.8730e- 42 8.766980e-02 -4.4143e- 72 3.86711e- -8.5330e- 102 1.196230e- -5.6467e- 132 2.1188e- -2.3867e-
01 04 03 02 03 02 03 03 03

13 1.403970e- 4.7120e- 43 8.575130e-02 -4.7098e- 73 3.74185e- -8.5002e- 103 1.141670e- -5.5237e- 133 1.9615e- -2.3004e-
01 04 03 02 03 02 03 03 03

14 1.390458e- 5.4970e- 44 8.384500e-02 -4.9981e- 74 3.61926e- -8.4600e- 104 1.088980e- -5.4009e- 134 1.8114e- -2.2149e-
01 04 03 02 03 02 03 03 03

15 1.376280e- 6.2050e- 45 8.195200e-02 -5.2782e- 75 3.49933e- -8.4126e- 105 1.038120e- -5.2781e- 135 1.6680e- -2.1302e-
01 04 03 02 03 02 03 03 03

16 1.361479e- 6.8110e- 46 8.007340e-02 -5.5495e- 76 3.38205e- -8.3586e- 106 9.890600e- -5.1556e- 136 1.5312e- -2.0460e-
01 04 03 02 03 03 03 03 03

17 1.346096e- 7.2890e- 47 7.821020e-02 -5.8113e- 77 3.26742e- -8.2982e- 107 9.417600e- -5.0333e- 137 1.4005e- -1.9621e-
01 04 03 02 03 03 03 03 03

18 1.330175e- 7.6080e- 48 7.636340e-02 -6.0631e- 78 3.15542e- -8.2320e- 108 8.961700e- -4.9115e- 138 1.2758e- -1.8783e-
01 04 03 02 03 03 03 03 03

19 1.313756e- 7.7420e- 49 7.453400e-02 -6.3042e- 79 3.04604e- -8.1602e- 109 8.522700e- -4.7903e- 139 1.1567e- -1.7945e-
01 04 03 02 03 03 03 03 03

20 1.296879- 7.6620e- 50 7.272270e-02 -6.5344e- 80 2.93925e- -8.0832e- 110 8.100000e- -4.6697e- 140 1.0431e- -1.7104e-
01 04 03 02 03 03 03 03 03

21 1.279586e- 7.3420e- 51 7.093050e-02 -6.7532e- 81 2.83504e- -8.0012e- 111 7.693300e- -4.5499e- 141 9.3470e- -1.6257e-
01 04 03 02 03 03 03 04 03

22 1.261917e- 6.7620e- 52 6.915810e-02 -6.9603e- 82 2.7334e-02 -7.9145e- 112 7.302200e- -4.4310e- 142 8.3150e- -1.5402e-
01 04 03 03 03 03 04 03

23 1.243910e- 5.9060e- 53 6.740620e-02 -7.1555e- 83 2.63429e- -7.8236e- 113 6.926300e- -4.3133e- 143 7.3320e- -1.4536e-
01 04 03 02 03 03 03 04 03

24 1.225602e- 4.7680e- 54 6.567550e-02 -7.3385e- 84 2.5377e-02 -7.7285e- 114 6.565100e- -4.1968e- 144 6.3990e- -1.3655e-
01 04 03 03 03 03 04 03

25 1.207031e- 3.3470e- 55 6.396660e-02 -7.5089%e- 85 2.4436e-02 -7.6298e- 115 6.218200e- -4.0817e- 145 5.5160e- -1.2756e-
01 04 03 03 03 03 04 03

26 1.188231e- 1.6500e- 56 6.228010e-02 -7.6668e- 86 2.35197e- -7.5275e- 116 5.885300e- -3.9681e- 146 4.6840e- -1.1836e-
01 04 03 02 03 03 03 04 03

27 1.169233e- -3.0500e- 57 6.061650e-02 -7.8118e- 87 2.26278e- -7.4221e- 117 5.565800e- -3.8561e- 147 3.9040e- -1.0889e-
01 05 03 02 03 03 03 04 03

28 1.150068e- -2.5010e- 58 5.897640e-02 -7.9438e- 88 2.1760e-02 -7.313%e- 118 5.259400e- -3.7458e- 148 3.1810e- -9.9140e-
01 04 03 03 03 03 04 04

29 1.130763e- -4.9110e- 59 5.736020e-02 -8.0629e- 89 2.0916e-02 -7.2032e- 119 4.965700e- -3.6373e- 149 2.5180e- -8.9050e-
01 04 03 03 03 03 04 04

30 1.111344e- -7.5090e- 60 5.576820e-02 -8.1690e- 20 2.00955e- -7.0902e- 120 4.684200e- -3.5307e- 150 1.9200e- -7.8610e-
01 04 03 02 03 03 03 04 04




Table 20.0AT15A Airfoil Cordinates.

151 1.39%4e- -6.7790e- 181 2.5863e- 3.6065e- 211 1.81514e- 7.6223e- 241 5.43913e- 1.0078e- 271 1.1102e-01 7.2821e-03
04 04 03 03 02 03 02 02
152 9.45e-05 -5.6580e- 182 2.8507e- 3.7637e- 212 1.89869e- 7.7352e- 242 5.60118e- 1.01072e- 272 1.129889e- 6.9955e-03
04 03 03 02 03 02 02 01
153 5.8e-05 -4.4990e- 183 3.1305e- 3.9190e- 213 1.9846e- 7.846%e- 243 5.7658e-02 1.01313e- 273 1.149419e- 6.6961e-03
04 03 03 02 03 02 01
154 3.03e-05 -3.3030e- 184 3.4257e- 4.0725e- 214 2.07292e- 7.9571e- 244 5.93294e- 1.01499e- 274 1.168764e- 6.3863e-03
04 03 03 02 03 02 02 01
155 1.16e-05 -2.0710e- 185 3.7366e- 4.2241e- 215 2.16366e- 8.065%- 245 6.10257e- 1.01629e- 275 1.187901e- 6.0690e-03
04 03 03 02 03 02 02 01
156 1.70e-06 -8.0800e- 186 4.0634e- 4.3739- 216 2.25686e- 8.1732e- 246 6.27463e- 1.01698e- 276 1.206802e- 5.7471e-03
05 03 03 02 03 02 02 01
157 0.00e+00 0.0000e+00 187 4.4062e- 4.5217e- 217 2.35254e- 8.2790e- 247 6.44907e- 1.01705e- 277 1.225442e- 5.4233e-03
03 03 02 03 02 02 01
158 6.00e-07 4.8500e-05 188 4.7653e- 4.6678e- 218 2.45072e- 8.3831e- 248 6.62585e- 1.01646e- 278 1.243791e- 5.1000e-03
03 03 02 03 02 02 01
159 7.90e-06 1.8060e-04 189 5.1409e- 4.8120e- 219 2.55143e- 8.4855e- 249 6.80489e- 1.01519e- 279 1.26182e- 4.77890e-03
03 03 02 03 02 02 01
160 2.33e-05 3.15400e- 190 5.5333e- 4.9545e- 220 2.6547e- 8.5861e- 250 6.98613e- 1.01318e- 280 1.279495e- 4.4617e-03
04 03 03 02 03 02 02 01
161 4.65e-05 4.52800e- 191 5.9427e- 5.0954e- 221 2.76055e- 8.6847e- 251 7.16950e- 1.01042e- 281 1.296783e- 4.1496e-03
04 03 03 02 03 02 02 01
162 7.75e-05 5.9300e-04 192 6.3693e- 5.2346e- 222 2.8690e- 8.7814e- 252 7.35490e- 1.00685e- 282 1.313649e- 3.8440e-03
03 03 02 03 02 02 01
163 1.16e-04 7.3580e-04 193 6.8135e- 5.3722e- 223 2.98007e- 8.8760e- 253 7.54227e- 1.00244e- 283 1.330057e- 3.5457e-03
03 03 02 03 02 02 01
164 1.623e- 8.8140e-04 194 7.2755e- 5.5084e- 224 3.09377e- 8.9684e- 254 7.73150e- 9.97150e- 284 1.345967e- 3.2558e-03
04 03 03 02 03 02 03 01
165 2.167e- 1.0299e-03 195 7.7556e- 5.6430e- 225 3.21012e- 9.0585e- 255 7.92248e- 9.90940e- 285 1.361342e- 2.9752e-03
04 03 03 02 03 02 03 01
166 2.79%4e- 1.1811e-03 196 8.2540e- 5.7763e- 226 3.32915e- 9.1463e- 256 8.11512e- 9.83750e- 286 1.376139e- 2.7047e-03
04 03 03 02 03 02 03 01
167 3.51e-04 1.3350e-03 197 8.7712e- 5.9082e- 227 3.45086e- 9.23140e- 257 8.30930e- 9.75550e- 287 1.390317e- 2.445e-03
03 03 02 03 02 03 01
168 4.31%- 1.4914e-03 198 9.3074e- 6.0387e- 228 3.57527e- 9.3139%- 258 8.50488e- 9.66290e- 288 1.403834e- 2.1967e-03
04 03 03 02 03 02 03 01
169 5.228e- 1.6502e-03 199 9.8629%- 6.1679e- 229 3.70238e- 9.3936e- 259 8.70174e- 9.55920e- 289 1.416643e- 1.9605e-03
04 03 03 02 03 02 03 01
170 6.242e- 1.8110e-03 200 1.0438e- 6.2959%- 230 3.83221e- 9.4704e- 260 8.89973e- 9.44400e- 290 1.42870e- 1.737e-03
04 02 03 02 03 02 03 01
171 7.368e- 1.9736e-03 201 1.10331e- 6.4227e- 231 3.96475e- 9.5441e- 261 9.09871e- 9.31680e- 291 1.439959%e- 1.5269e-03
04 02 03 02 03 02 03 01
172 8.612e- 2.1375e-03 202 1.16485e- 6.5482e- 232 4.10002e- 9.6146e- 262 9.29851e- 9.17710e- 292 1.450372e- 1.3312e-03
04 02 03 02 03 02 03 01
173 9.98e-04 2.3022e-03 203 1.22844e- 6.6726e- 233 4.23801e- 9.6817e- 263 9.49896e- 9.02440e- 293 1.459891e- 1.1509e-03
02 03 02 03 02 03 01
174 1.1476e- 2.4675e-03 204 1.29412e- 6.7957e- 234 4.37872e- 9.7452e- 264 9.69988e- 8.85830e- 294 1.468469e- 9.8710e-04
03 02 03 02 03 02 03 01
175 1.3105e- 2.6327e-03 205 1.36193e- 6.9176e- 235 4.52215e- 9.8052e- 265 9.90107e- 8.67840e- 295 1.476057e- 8.4120e-04
03 02 03 02 03 02 03 01
176 1.4872e- 2.7977e-03 506 1.43189%- 7.0383e- 236 4.66829e- 9.8612e- 266 1.010235e- 8.48410e- 296 1.482606e- 7.1440e-04
03 02 03 02 03 01 03 01
177 1.6779e- 2.9619e-03 207 1.50404e- 7.1576e- 237 4.81712e- 9.9133e- 267 1.030349e- 8.275e-03 297 1.488075e- 6.0800e-04
03 02 03 02 03 01 01
178 1.883e- 3.1251e-03 208 1.57841e- 7.2757e- 238 4.96865e- 9.9612e- 268 1.050426e- 8.0505e- 298 1.492459e- 5.2250e-04
03 02 03 02 03 01 03 01
179 2.1026e- 3.2871e-03 209 1.65503e- 7.3926e- 239 5.12283e- 1.00047e- 269 1.070444e- 7.8103e- 299 1.495804e- 4.5710e-04
03 02 03 02 02 01 03 01
180 2.3370e- 3.4476e-03 210 1.73393e- 7.5081e- 240 5.27967e- 1.00437e- 270 1.090377e- 7.554e-03 300 1.50e-01 3.7500e-04
03 02 03 02 02 01




B. RAE2822 Airfoil Cordinates:
Table 21.RAE2822 Airfoil Cordinates.

1 1 0 33 0,5 0,062029 65 0 0 97 0,5 -0,050563

2 0,999398  0,000128 34 0,475466 0,06253 66 0,000602 -0,00316 98  0,524534  -0,047719

3 0,997592 0,00051 35 0,450991 0,062774 67 0,002408 -0,006308 99  0,549009  -0,044642

4 0,994588  0,001137 36 0,426635 0,062779 68 0,005412 -0,009443 100 0573365 -0,041397

5) 0,990393  0,002001 37 0,402455 0,062562 69 0,009607 -0,012559 101  0,597545  -0,038043

6 0,985016  0,003092 38 0,37851 0,062133 70 0,014984 -0,015649 102 0,62149  -0,034631

7 0,97847  0,004401 39 0,354858 0,061497 71 0,02153 -0,018707 103  0,645142  -0,031207

8 0,970772  0,005915 40 0,331555 0,06066 72 0,029228 -0,021722 104 0,668445 -0,027814

9 0,96194  0,007622 41 0,308658 0,059629 73 0,03806 -0,024685 105 0,691342  -0,024495
10 0,951995  0,009508 42 0,286222 0,058414 74 0,048005 -0,027586 106  0,713778  -0,021289
11 0,940961  0,011562 43 0,264302 0,057026 75 0,059039 -0,030416 107  0,735698  -0,018232
12 0,928864  0,013769 44 0,242949 0,05547 76 0,071136 -0,03317 108  0,757051  -0,015357
13 0,915735  0,016113 45 0,222215 0,053753 77 0,084265 -0,035843 109 0,777785 -0,01269
14 0,901604 0,01858 46 0,20215 0,051885 78 0,098396 -0,038431 110 0,79785  -0,010244
15 0,886505  0,021153 47 0,182803 0,049874 79 0,113495 -0,040929 111 0,817197  -0,008027
16 0,870476  0,023817 48 0,164221 0,047729 80 0,129524 -0,043326 112 0,835779  -0,006048
17 0,853553  0,026554 49 0,146447 0,045457 81 0,146447 -0,04561 113  0,853553  -0,004314
18 0,835779  0,029347 50 0,129524 0,043071 82 0,164221 -0,047773 114 0,870476  -0,002829
19 0,817197  0,032176 51 0,113495 0,040585 83 0,182803 -0,049805 115 0,886505  -0,001592
20 0,79785  0,035017 52 0,098396 0,038011 84 0,20215 -0,051694 116  0,901604 -0,0006
21 0,777785  0,037847 53 0,084265 0,03536 85 0,222215 -0,053427 117 0,915735 0,000157
22 0,757051  0,040641 54 0,071136 0,032644 86 0,242949 -0,054994 118  0,928864 0,000694
23 0,735698  0,043377 55 0,059039 0,029874 87 0,264302 -0,056376 119  0,940961 0,001033
24 0,713778  0,046029 56 0,048005 0,027062 88 0,286222 -0,057547 120  0,951995 0,001197
25 0,691342  0,048575 57 0,03806 0,024219 89 0,308658 -0,058459 121 0,96194 0,001212
26 0,668445  0,050993 58 0,029228 0,021348 90 0,331555 -0,059046 122 0970772 0,001112
27 0,645142  0,053258 59 0,02153 0,018441 91 0,354858 -0,059236 123 0,97847 0,000935
28 0,62149  0,055344 60 0,014984 0,015489 92 0,37851 -0,058974 124  0,985016 0,000719
29 0,597545  0,057218 61 0,009607 0,01248 93 0,402455 -0,058224 125  0,990393 0,000497
30 0,573365  0,058845 62 0,005412 0,009416 94 0,426635 -0,056979 126 0,994588 0,000296
31 0,549009  0,060194 63 0,002408 0,006306 95 0,450991 -0,055257 127  0,997592 0,000137
32 0,524534  0,061254 64 0,000602 0,003165 96 0,475466 -0,053099 128  0,999398 0,000035




C. NACAO0012 Airfoil Cordinates:
Table 22.NACA0012 Airfoil Cordinates.

1 1000 0.000 41  654.508 40.686 81  95.492 46.049 121 95.492 -46.049 161  654.508 -40.686
2 999.753 0.036 42 639.496 42.052 82  86.460 44.374 122 104.922 -47.638 162  669.369 -39.300
3 999.013 0.143 43 624.345 43.394 83  77.836 42.615 123 114.743 -49.138 163  684.062 -37.896
4 997.781 0.322 44 609.072 44.708 84  69.629 40.776 124 124.944 -50.546 164  698.574 -36.478
5  996.057 0.572 45  593.691 45.992 85  61.847 38.859 125  135.516 -51.862 165 712.890 -35.048
6  993.844 0.891 46 578.217 47.242 86  54.497 36.867 126 146.447 -53.083 166  726.995 -33.610
7 991.144 1.280 47  562.667 48.455 87  47.586 34.803 127 157.726 -54.206 167  740.877 -32.168
8  987.958 1.737 48  547.054 49.626 88  41.123 32.671 128  169.344 -55.232 168  754.521 -30.723
9  984.292 2.260 49  531.395 50.754 89  35.112 30.473 129  181.288 -56.159 169  767.913 -29.279
10  980.147000 2.849 50  515.705 51.833 90  29.560 28.213 130  193.546 -56.986 170  781.042 -27.838
11 975.528000 3.501 51  500.000 52.862 91  24.472 25.893 131  206.107 -57.712 171 793.893 -26.405
12 970.440000 4.2160 52  484.295 53.835 92  19.853 23.517 132 218.958 -58.338 172 806.454 -24.981
13 964.888000 4.990 53  468.605 54.749 93  15.708 21.088 133 232.087 -58.863 173 818.712 -23.569
14  958.877000 5.822 54 452.946 55.602 94 12.042 18.607 134 245.479 -59.288 174  830.656 -22.173
15  952.414000 6.710 55  437.333 56.390 95 8.856 16.078 135  259.123 -59.614 175  842.274 -20.795
16  945.503000 7.651 56  421.783 57.108 96  6.156 13.503 136  273.005 -59.841 176  853.553 -19.438
17 938.153000 8.643 57  406.309 57.755 97  3.943 10.884 137 287.110 -59.971 177 864.484 -18.106
18  930.371 9.684 58  390.928 58.326 98  2.219 8.223 138 301.426 -60.006 178  875.056 -16.800
19 922.164 10.770 59  375.655 58.819 99  0.987 5.521 139  315.938 -59.947 179  885.257 -15.523
20  913.540 11.900 60  360.504 59.230 100 0.247 2.779 140  330.631 -569.797 180  895.0780 -14.280
21  904.508 13.071 61  345.492 59.557 101 0.000 0.000 141 345.492 -59.557 181  904.508 -13.071
22  895.078 14.280 62  330.631 59.797 102 0.247 -2.779 142 360.504 -59.230 182  913.540 -11.900
23  885.257 15.523 63  315.938 59.947 103  0.987 -5.521 143  375.655 -58.819 183  922.164 -10.770
24  875.056 16.800 64  301.426 60.006 104 2219 -8.223 144 390.928 -58.326 184  930.371 -9.684
25  864.484 18.106 65  287.110 59.971 105  3.943 -10.884 145  406.309 -57.755 185  938.153 -8.643
26  853.553 19.438 66  273.005 59.841 106  6.156 -13.503 146 421.783 -57.108 186  945.503 -7.651
27 842274 20.795 67  259.123 59.614 107  8.856 -16.078 147  437.333 -56.390 187  952.414000 -6.710
28  830.656 22.173 68  245.479 59.288 108 12.042 -18.607 148  452.946 -55.602 188  958.877 -5.822
29  818.712 23.569 69  232.087 58.863 109  15.708 -21.088 149  468.605 -54.749 189  964.8880 -4.990
30 806.454 24.981 70  218.958 58.338 110  19.853 -23.517 150  484.295 -53.835 190  970.4400 -4.216
31  793.893 26.405 71 206.107 57.712 111 24.472 -25.893 151  500.000 -52.862 191  975.5280 -3.5010
32 781.042 27.838 72 193.546 56.986 112 29.560 -28.213 152  515.705 -51.833 192 980.147 -2.8490
33 767.913 29.279 73  181.288 56.159 113 35.112 -30.473 153  531.395 -50.754 193 984.292 -2.260
34 754521 30.723 74 169.344 55.232 114  41.123 -32.671 154  547.054 -49.626 194  987.958 -1.737
35  740.877 32.168 75  157.726 54.206 115  47.586 -34.803 155  562.667 -48.455 195 991.144 -1.280
36  726.995 33.610 76 146.447 53.083 116 54.497 -36.867 156  578.217 -47.242 196  993.844 -0.891
37  712.890 35.048 77  135.516 51.862 117 61.847 -38.859 157  593.691 -45.992 197  996.057 -0.572
38  698.574 36.478 78  124.944 50.546 118  69.629 -40.776 158  609.072 -44.708 198  997.781 -0.322
39  684.062 37.896 79  114.743 49.138 119  77.836 -42.615 159  624.345 -43.394 199  999.013 -0.143
40  669.369 39.30 80  104.922 47.638 120  86.460 -44.374 160  639.496000  -42.052 200  999.753 -0.036
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